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INTRODUCTION 


BACKGROUND 


1.  Autorotational  performance  and  height-velocity  (H-V)  testing  are  normally 
conducted  to  obtain  data  for  operators'  manuals.  The  H-V  portion  is  presented 
as  an  emergency  procedure.  Historically,  a large  number  of  accidents  have  occurred 
during  autorotational  and  H-V  testing  by  the  United  States  Army  Aviation 
Engineering  Flight  Activity  (USAAEFA),  other  test  agencies,  and  aircraft 
manufacturers.  Data  compiled  by  the  United  States  Army  Agency  for  Aviation 
Safety  (USAAAVS)  vref  l,app  A)  reveal  that  throughout  the  Army,  autorotational 
landing  accidents  are  common  in  operational  and  training  units.  Practice 
autorotations  are  conducted  at  conditions  which  should  produce  safe  autorotational 
landings.  However,  during  the  period  1 July  1969  to  31  December  1 97 1 , practice 
autorotations  resulted  in  486  accidents  and  incidents,  which  cost  $7,143,800; 
2 fatalities;  and  43  injuries.  Including  actual  emergency  autorotations  in  the  same 
time  period,  there  were  a total  of  1195  accidents  and  incidents,  costing 
$74,837,000,  which  resulted  in  82  fatalities  and  606  injuries.  Further  investigation 
shows  that  the  demonstration  requirements  of  military  specification  MIL-H-8501A 
(ref  2)  do  not  adequately  define  control  power,  control  margins,  rotor  speed  decay, 
or  response  to  power  failure.  In  addition,  the  data  presented  to  the  operators  in 
many  handbooks  do  not  reflect  adequate  description  and  discussion  of  the  special 
test  conditions  and  limitations  and  thus  are  unrealistic  or  misleading  for  operational 
use.  Although  considerable  work  had  been  done  to  investigate  autorotational 
performance  (refs  3 through  6),  there  was  still  a great  deal  unknown,  and  a further 
research  effort  was  necessary.  The  United  States  Army  Aviation  Systems  Command* 
directed  (ref  7)  that  USAAEFA  develop  a flight  program  (ref  8)  to  study  the 
H-V  maneuver  and  provide  data  concerning  effects  of  pilot  technique,  aircraft 
performance,  and  the  influence  of  operating  variables. 


TEST  OBJECTIVES 

2.  The  overall  objectives  were  to  investigate  the  H-V  maneuver,  to  establish  an 
improved  test  methodology,  and  provide  operators  with  more  meaningful  pilot 
information.  Secondary  goals  were  to  examine  demonstration  requirements  and 
provide  data  concerning  design  requirements.  Specific  objectives  were  as  follows: 

^ a.  Determination  of  normal  pilot  reaction  time  to  an  unannounced  engine 

failure  in  the  absence  of  an  engine  failure  warning  system. 

b.  Evaluate  the  effect  of  pilot  reaction  time,  aircraft  response,  and 
f displacement  of  critical  controls  on  altitude  loss,  and  time  required  to  achieve 

steady-state  autorotational  flight  following  a simulated  engine  failure. 

♦Since  redesignated  the  Army  Aviation  Research  and  Development  Command 
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c.  Determine  adequate  autorotation  entry  test  criteria  for  future  tests  on 
single-engine  helicopters. 

d.  Determine  the  effect  of  airspeed  and  rotor  speed  on  rate  of  descent  and 
glide  distance,  as  well  as  evaluate  the  effects  of  maneuvering  flight  on  descent 
performance  in  autorotational  flight. 


e.  Establish  test  criteria  for  determining  effective  flare  airspeed  requirements 
for  future  tests. 


f.  Determine  the  time  and  altitude  required  to  effect  a power  recovery  from 
autorotational  flight  and  establish  standard  test  techniques  for  making  this 
determination  for  future  tests. 


g.  Determine  the  amount  of  lift  available  from  the  rotational  energy  stored 
in  the  rotor  system  at  various  gross  weight,  rotor  speed,  and  airspeed  conditions. 

h.  Reassess  H-V  test  techniques  utilized  in  past  government  qualification 
of  single-engine  rotary  wing  vehicles. 

i.  Recommend  effective  handbook  presentation  methods  for  all  the  above 
data  for  the  operators'  manuals. 


DESCRIPTION 

3.  The  tests  were  conducted  with  a UH-1C  helicopter  (SN  63-8684)  which  is 
a single-main-rotor  Army  utility  aircraft.  A detailed  description  of  the  aircraft  is 
presented  in  reference  9,  appendix  A,  and  in  appendix  B.  Table  1 compares  the 
UH-1C  with  some  other  helicopters  of  similar  configuration. 


Table  1.  Coeparlaoo  of  Slngle-Haln-Rotor  Helicopter*. 


Helicopter 

Modal 

Maximum 
Crose  Weight 
(lb) 

Maximum 
Engine  Power 
(shp) 

Kotor 
Inertia, 
(aleg/ft  ) 

Crulee 

True 

Alrapaed 

(kt) 

TH-55A 

1670 

160 

132 

75 

0H-6A 

2600 

252 

208 

125 

OH- 58 A 

3000 

317 

607 

110 

UH-1C 

9500 

1100 

2800 

125 

AH- 1C 

9500 

1100 

2800 

160 

CK-36 

13,300 

1625 

6568 

136 

CH-3C 

22,050 

2500 

8950 

130 

CH-53A 

62,000 

5700 

26,276 

159  . 
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The  UH-1C  is  categorized  as  a medium-weight,  high-rotor-inertia  vehicle.  The  flying 
qualities  of  the  UH-1  series  helicopters  are  well  documented  and  are  generally 
considered  to  be  satisfactory,  with  an  absence  o:  any  large  or  unacceptable 
deviations  from  M1L-H-8501A. 


TEST  SCOPE 

4.  The  intended  scope  encompassed  a complete  study  of  single-rotor  helicopter 
autorotation  and  H-V  performance.  All  primary  design  variables  were  to  be 
examined  in  detail  and  data  generated  which  would  have  general  applicability 
toward  test,  design,  and  demonstration  requirements. 

5.  Variations  in  pilot  technique  were  used  to  assess  pilot  capabilities  and 
investigate  performance  limits  of  the  test  aircraft.  Autorotational  entries  from  hover, 
forward  flight,  climbs,  and  descent  were  tested.  Entries  from  vertical  climb  and 
descent  were  not  evaluated.  Tests  were  not  conducted  to  evaluate  the  effects  of 
surface  wind  and  air  turbulence.  The  aircraft  power  available  limited  the  test  gross 
weight  to  a maximum  of  8500  pounds.  Tests  were  conducted  at  field  elevations 
of  425,  4120,  and  9500  feet.  The  density  altitude  range  tested  was  from  840  to 
1 1 ,650  feet  with  respective  temperatures  of  1 1 and  9°C.  Colder  temperatures  were 
not  available  and  thus  the  data  may  not  reflect  compressibility  effects.  The 
longitudinal  and  lateral  centers  of  gravity  (eg)  were  near  the  center  of  allowable 
travel  for  all  tests. 


TEST  METHODOLOGY 

6.  The  H-V  maneuver  was  divided  into  the  segments  shown  in  figure  A. 


Figure  A.  Height-Velocity  Maneuver 
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Where  each  segment  is  identified  as  follows: 


a.  Entry  - Power  reduction,  any  imposed  control  movement  delay  to 
simulate  pilot  recognition  and  reaction  time,  arrestment  of  angular  motion  or  rotor 
speed  decay,  and  recovery  from  resulting  attitudes. 


b.  Dive  - Longitudinal  cyclic  pushover  to  achieve  a desired  dive  angle  and 
acceleration  to  a flare  airspeed  (for  altitudes  requiring  less  than  maximum  H-V 
performance,  there  may  be  a deceleration  to  reduce  rate  of  descent  to  a 
pilot-tolerable  value  prior  to  the  flare). 


c.  Flare  - Combined  longitudinal  cyclic  and  collective  control  application 
to  increase  the  angle  of  attack,  increase  and  control  rotor  speed  and  decrease 
downward  and/or  forward  velocity. 


d.  Landing  - Leveling  of  aircraft  through  cyclic  application  or  use  of 
collective  and  cyclic  application  to  level  aircraft,  arrest  sink  rate  and  make  a 
touchdown. 


Each  segment  was  tested  separately  to  minimize  the  pilot  workload  and  allow 
isolation  of  the  particular  variables  being  investigated.  In  the  interests  of  safety, 
each  test  was  conducted  at  a sufficient  altitude  to  allow  a power  recovery.  This 
method  reduced  the  number  of  landings  and  minimized  the  hazards  inherent  to 
an  actual  autorotational  touchdown. 


7.  For  the  various  entry  conditions,  the  throttle  was  rapidly  closed  to  simulate 
a sudden  engine  failure  and  the  controls  maintained  fixed  for  a selected  delay 
time.  Aircraft  behavior  was  recorded  and  pilot  comments  made  as  to  recognition 
signals,  severity  of  reaction,  and  necessary  recovery  action.  On  subsequent  entries, 
the  severity  of  the  entry  condition  and/or  the  delay  time  was  increased  until  an 
aircraft  or  pilot  limitation  was  reached. 


8.  Following  each  entry,  the  effectiveness  of  the  pushover  was  evaluated  by 
measuring  the  aircraft  reaction  to  forward  longitudinal  cyclic  inputs  to  attain 
nose-down  attitudes  and  rates  of  change  of  attitude.  The  aircraft  was  dived  with 
varied  rates  of  longitudinal  control  application  to  increasing  dive  angles  to  determine 
the  acceleration  characteristics.  An  incremental  buildup  was  used,  and  the  tests 
were  terminated  when  the  pilot  considered  that  a faster  pushover  rate  or  more 
nose-down  attitude  was  unsafe  or  was  considerably  beyond  a normal  maneuver. 


9.  Flare  effectiveness  tests  were  conducted  by  initiating  flares  at  various  airspeeds 
from  both  steady-state  and  accelerating  autorotations.  Both  cyclic  and  collective 
applications  were  used.  Flare  rate  and  magnitude  of  flare  were  both  evaluated. 
At  the  conclusion  of  the  flare,  forward  cyclic  was  used  to  level  the  aircraft  prior 
to  power  recovery. 


10.  Landing  tests  were  conducted  from  a hover  and  at  lew  forward  airspeeds  (zero 
to  40  knots  true  airspeed)  (KTAS)  and  at  heights  near  the  ground  (less  than 


100  feet).  Starting  from  hover  conditions  the  helicopter  was  stabilized  at  the 
desired  height  and  after  the  power  reduction,  rotor  energy  was  used  to  cushion 
the  landing.  Delay  time  was  increased  on  successive  points,  and  for  a given  delay 
time  the  effect  of  different  collective  application,  rates,  and  magnitudes  were 
evaluated.  Hover  height  was  increased  until  the  maximum  tolerable  touchdown  sink 
airspeed  was  approached.  For  low-airspeed  tests  the  helicopter  was  stabilized  in 
level  flight,  power  was  rapidly  reduced,  and  landings  were  made  with  various  delay 
times  and  pilot  techniques.  Different  height  and  airspeed  combinations  were  tested 
until  a critical  cutoff  point  was  reached.  Following  (he  individual  H-V  segment 
tests,  the  results  were  used  to  define  a total  maneuver  in  terms  of  pilot  requirements 
and  associated  performance.  Complete  H-V  profiles  were  then  flown. 

1 1 . The  height  and  distance  traveled  during  a given  maneuver  were  recorded 
photographically  with  a Fairchild  Flight  Analyzer  (FFA).  A limitation  of  this  device 
is  that  it  provides  only  two-dimensional  data  and  has  a restricted  field  of  view. 
To  provide  accurate  values,  the  maneuver  must  be  conducted  in  a plane  normal 
to  the  camera  line  of  sight  and  at  a constant  distance.  The  pilot  must  track  along 
a ninway  center  line  and  perform  the  maneuver  within  the  camera  view.  The 
minimum  power  recovery  height  varies  with  the  aircraft  and  engine  response  and 
must  be  sufficient  to  allow  an  autorotational  landing  should  the  engine  power  not 
be  regained.  Figure  B illustrates  the  allowable  airspace  for  a typical  test 
arrangement. 

12.  The  airspace  dimensions  shown  in  figure  B are  for  a camera  offset  distance 
of  1500  feet,  which  was  the  maximum  that  was  practical  for  the  UH-1C  aircraft. 
A greater  offset  will  increase  the  airspace  available;  however,  the  photographic  image 
of  the  aircraft  will  be  reduced  in  size,  thus  decreasing  data  accuracy. 

13.  At  the  start  of  the  program  it  was  difficult  for  the  pilot  to  perform  certain 
maneuvers  within  the  boundaries  outlined  in  figure  B.  For  example,  it  was 
uncomfortable  to  flare  the  aircraft  at  a low  airspeed  while  reducing  the  rotor  speed 
to  a low  value  at  500  feet  above  the  ground.  The  maneuvers  were  demanding 
with  respect  to  use  of  cockpit  indicators  and  there  was  little  opportunity  for  outside 
reference.  As  experience  was  gained,  the  task  became  easier.  The  pilot  had  to  take 
particular  care  not  to  concentrate  on  a particular  test  condition  for  too  long  a 
time  since  allowances  had  to  be  made  for  a recovery  to  prevent  ground  contact. 

14.  Aircraft  pckformance,  stability  and  control,  position,  and  motion  data  were 
recorded  on  board  the  aircraft  through  the  use  of  visual  indicators,  photopanel, 
and  oscillograph  recorders.  A detailed  instrumentation  listing  is  presented  in 
appendix  C. 
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RESULTS  AND  DISCUSSION 


GENERAL 

15.  The  results  and  discussion  are  presented  in  the  sequence  necessary  to  make 
a successful  landing  after  a power  loss.  The  sequence  is  power  reduction,  dive, 
flare,  and  landing.  Following  the  individual  phases  is  a description  of  an  improved 
test  methodology  and  suggested  demonstration  requirements.  Each  major  section 
considers  pilot  requirements  and  opinions  and  aircraft  characteristics,  as  well  as 
force  and  energy  considerations.  In  summary,  the  results  and  discussion  show  that 
a majority  of  the  objectives  were  achieved.  The  conclusions  and  recommendations 
provide  guidance  for  additional  testing,  definition  of  human  factors  items,  and 
suggested  aircraft  design  goals. 


ENTRY  TO  AUTOROTATION 
General 

16.  Thd  entry  to  autorotation  is  the  phase  during  which  the  aircraft  is  transitioning 
from  a powered  flight  condition  to  a controlled  autorotational  condition.  Typical 
aircraft  operating  conditions  for  stabilized  level  flight  arc  shown  in  figures  1 
through  3.  appendix  F.  The  entry  is  composed  of  a power  reduction,  a delay  in 
corrective  control  input,  and  a recovery  action  by  the  pilot.  The  exact  nature  of 
the  power  reduction  directly  affects  both  the  pilot  requirements  and  the  aircraft 
response.  The  delay  in  pilot  corrective  action  and  the  aircraft  response  determines 
the  recovery  requirements.  A controls-fixed  test  technique  was  used  to  best  show 
the  aircraft  response  and  allow  pilot  assessment  of  the  relative  importance  of  the 
various  recognition  signals.  The  characteristic  aircraft  reaction  will  vary  with  gross 
weight,  eg,  airspeed,  and  power.  The  recovery  portion  of  the  entry  involves  the 
pilot  action  necessary  to  correct  for  the  aircraft  motion  generated  during  the  pilot 
delay  phase.  Entry  tests  were  conducted  from  flight  regimes  of  hover,  takeoff  and 
acceleration,  climb,  level  flight,  and  powered  descent.  Various  types  of  power 
reductions  and  different  pilot  delay  times  were  investigated. 

Power  Reduction 

17.  The  transient  nature  of  the  power  reduction  can  vary  greatly  and  directly 
influences  the  aircraft  response.  Common  causes  of  power  loss  such  as  fuel 
starvation,  fuel  control  malfunctions,  engine  deterioration,  or  damage  from  an 
external  source  must  all  be  considered  when  estimating  the  expected  aircraft 
response  and  necessary  pilot  reaction.  A graphical  representation  of  some  different 
types  of  power  reduction  is  shown  in  figure  C. 


ENGINE  TORQUE 


Figure  C.  Engine  Torque  Reduction  With  Type  of  Power  Failure. 


18.  During  the  test  program,  power  was  usually  reduced  by  the  pilot  closing  the 
throttle  as  shown  in  figures  4 through  7,  appendix  F.  With  this  procedure,  it  was 
noted  that  engine  output  torque  would  not  go  to  zero,  but  would  decrease  to 
approximately  5 psi  (60  shp)  and  remain  constant  during  the  autorotation  and 
landing.  A similar  characteristic  had  been  reported  in  reference  10,  appendix  A. 
Analysis  showed  that  both  the  residual  power  and  the  nature  of  the  power  reduction 
significantly  affected  the  aircraft  response. 

19-  Engine  failure  modes  have  not  been  adequately  defined  for  all  power  plants 
in  the  Army  inventory.  The  most  severe  case  of  power  reduction  (engine  seizure) 
was  not  simulated  but  could  be  expected  to  cause  the  greatest  aircraft  response 
and  require  corrective  pilot  action  in  the  shortest  time.  At  the  same  time,  the 
pilot  should  receive  the  strongest  cues  as  to  the  occurrence  of  a power  failure. 
A fuel  shutoff  was  accomplished  and  provided  essentially  the  same  aircraft  response 
or  pilot  cues  as  when  a rapid  throttle  closure  was  used.  A slow  power  reduction 
causes  the  mildest  aircraft  response.  However,  pilot  cues  are  not  strong  and  engine 
deterioration  may  be  detectable  only  from  a warning  system  or  from  monitoring 
of  the  cockpit  instruments.  When  the  pilot  is  aware  that  a gradual  power  loss 
is  occurring,  an  immediate  partial  powered  landing  can  be  made.  He  should  be 
prepared  for  total  power  failure  during  the  landing  and  when  possible  should 
minimize  power  required  by  landing  with  forward  airspeed. 
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20.  Tlie  handling  qualities  requirements  (ref  2,  app  A)  specify  that  with  a 2-second 
delay  from  power  reduction  to  movement  of  the  collective  pitch  control,  the  rotor 
speed  will  not  fall  below  a safe  minimum  transient  value.  It  is  also  required  that 
the  attitude  change  during  the  2-second  delay  must  not  exceed  10  degrees  about 
any  axis  at  airspeeds  above  best  climb  airspeed  or  20  degrees  of  yaw  at  airspeeds 
below  best  climb  airspeed.  The  initial  tests  quickly  established  that  those 
requirements  are  unrealistic  in  some  areas  and  are  inadequate  demonstration  criteria 
in  all  cases.  Immediate  action  by  the  pilot  on  cyclic  and  directional  controls  prevents 
an  aircraft  response  which  would  otherwise  be  expected  in  an  operational  situation 
where  the  pilot  is  busy  with  other  tasks  and  delays  in  reaction  time  for  all  controls 
will  occur.  Qualitative  tests  were  conducted  which  suggested  that  the  demonstration 
requirements  should  be  based  on  what  the  pilot  could  sense  and  what  he  could 
do  in  terms  of  corrective  action.  These  qualitative  tests  also  indicated  that  the 
above  factors  had  a different  significance  for  the  various  flight  regimes  and  operating 
conditions.  It  is,  of  course,  mandatory  that  an  acceptable  corrective  action  be  within 
the  capability  of  the  aircraft  in  terms  of  control  power  and  structural  integrity. 

21.  The  engine  failure  cues  that  may  be  made  available  to  the  pilot  include  audio, 
visual,  and  kinesthetic  signals.  In  aircraft  where  the  pilot  is  near  an  engine  or 
transmission,  audio  cues  may  be  valuable.  However,  experience  in  several  aircraft 
has  indicated  that  audio  cues  from  the  aircraft  are  generally  unreliable  and  that 
they  have  roo  much  lag  to  be  of  real  use  to  the  pilot.  Visual  cues  are  separated 
into  instrument  indications  and  external  sight  pictures.  Engine  instruments  have 
inherent  lag  and  to  be  useful  require  that  the  pilot  be  observing  them  at  the  instant 
of  power  failure.  Engine  instrument  cues  are  also  of  limited  value  because  they 
give  the  pilot  no  information  concerning  the  proper  corrective  action.  For  this, 
he  must  view  a sight  picture,  observe  attitude  instruments,  or  assess  the  aircraft 
motion.  The  tests  revealed  that  in  most  flight  conditions  more  rapid,  more  reliable, 
and  stronger  cues  are  available  from  the  aircraft  reaction  to  power  reduction. 
Exceptions  include  partial-power  descent  and  situations  where  the  pilot  is  intensely 
concentrating  on  a maneuver  or  task.  Since  the  pilot's  attention  could  be  in  any 
direction  at  any  given  instant,  the  engine  visual  failure  devices  must  be  displayed 
so  as  to  always  be  in  the  pilot's  field  of  vision.  In  addition,  there  should  be  an 
audio  warning  signal.  The  engine  warning  system  should  be  activated  by  the 
parameter  that  most  quickly  indicates  an  engine  failure  and  also  one  which  will 
not  reflect  a normal  power  reduction. 
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22.  The  tests  were  first  conducted  keeping  all  controls  fixed  for  1 second  after 
the  power  reduction.  The  delay  time  was  then  incrementally  increased  to  the 
maximum  that  was  considered  safe.  Tins  technique  quickly  revealed  the  areas  that 
were  critical  with  respect  to  particular  pilot  responses.  For  a kinesthetic  cue  to 
be  developed  there  must  be  a perceptible  change  in  the  aircraft  operating  condition. 
Thus,  an  aircraft  which  has  minimal  response  to  a power  reduction  will  not  indicate 
to  the  pilot  that  an  emergency  has  occurred,  and  that  there  is  a need  for  immediate 
corrective  action.  Primary  ;-'iot  cues  generated  by  aircraft  motion  are  angular 
accelerations,  angular  rates,  attitude  changes,  and  linear  accelerations  along  the  flight 
path  or  aircraft  a"cs.  Secondary  kinesthetic  cues  are  aircraft  vibration  and  control 
force  feedback. 
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23.  The  power  reduction  tests  were  accomplished  with  three  test  pilots  of  varying 
experience.  Qualitative  judgments  were  made  by  each  pilot  as  to  the  predominant 
recognition  cue.  In  certain  areas,  the  results  were  inconclusive;  however,  in  critical 
areas  such  as  high  aircraft  response  requiring  immediate  pilot  reaction,  there  was 
good  agreement  as  to  both  the  pilot  cue  and  the  required  corrective  action.  Also, 
each  pilot  seemed  to  readily  respond  to  the  critical  parameter  regardless  of  which 
aircraft  axis  or  which  flight  control  was  involved.  On  this  basis  the  tests  indicated 
that  the  most  important  recognition  element  was  the  magnitude  and  direction  of 
the  cue.  It  could  not  be  determined  whether  the  pilot  responded  primarily  to  the 
absolute  magnitude  of  the  cue,  or  the  magnitude  relative  to  the  other  cues. 

24.  The  cues  available  to  the  pilot  can  be  considered  in  short  and  long-term  phases. 
The  short-term  phase  consists  of  the  initial  accelerations  and  rates  generated  by 
the  unbalance  in  forces  and  moments  as  the  engine  torque  is  removed  from  the 
rotor  shaft.  The  long-term  phase  is  the  resultant  rates  and  attitudes  caused  by 
the  initial  response  and  inherent  stability  characteristics.  In  some  cases,  it  may 
not  be  possible  for  the  pilot  to  differentiate  between  the  two  phases. 

25.  With  controls  fixed,  the  aircraft  response  to  a rapid  power  reduction  is  similar 
to  a step-type  control  input  in  that  for  a short  term  the  force  imbalance  is  essentially 
constant.  Previous  stability  and  control  data  (ref  1 1 , app  A)  show  that  for  a step 
control  input  maximum  accelerations  are  generally  reached  within  0.5  second  and 
the  maximum  rates  occur  within  1.5  seconds  after  the  input.  Similar  response 
characteristics  are  evident  in  figures  4 through  7,  appendix  F. 

26.  Pilot  response  to  the  aircraft  reaction  was  examined  during  the  buildup  in 
delay  times  of  1 second,  2 seconds,  and  maximum.  These  tests  indicated  that, 
with  the  exception  of  hover,  the  maximum  short-term  rates  or  accelerations  were 
not  important  to  the  pilot. 

27 . In  hover,  the  pilot  instinctively  reacted  to  the  rapid  directional  changes  that 
follow  power  reduction.  The  time  delay  was  approximately  0.3  second,  which  was 
essentially  his  minimum  reaction  time.  The  angular  accelerations,  rates,  and  attitudes 
had  not  increased  to  any  significant  degree,  and  appeared  to  be  too  low  for  primary 
recognition  cues.  However,  the  yaw  angular  acceleration  generated  a lateral 
acceleration  at  the  pilot  station  which  increased  rapidly.  Previous  testing  (refs  12 
and  13,  app  A)  had  demonstrated  that  pilots  were  very  sensitive  to  side  force 
and  could  recognize  changes  as  low  as  0.05g  (1.6  feet  per  second  per  second) 
(ft/sec2).  The  lateral  acceleration  is  a more  desirable  demonstration  criteria  for 
recognition  of  engine  failure  than  angular  yaw  acceleration  or  rate  because  of  the 
variance  in  pilot  displacement  from  the  eg  ir.  different  aircraft. 

28.  At  low  airspeeds  such  as  those  shown  in  figure  5,  appendix  F,  the  aircraft 
response  to  power  reduction  is  considerably  less  than  in  hover,  and  the  pilot  could 
safely  delay  for  more  than  3 seconds.  The  pilot  recovery  was  initially  for  the  yaw, 
closely  followed  by  lateral  input  for  roll  recovery.  Roll  and  yaw  accelerations  had 
essentially  reached  a constant  value  by  the  time  recovery  was  initiated.  The  only 
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29.  At  an  intcnncdiate  airspeed  of  60  KTAS,  as  shown  in  figure  6,  appendix  F, 
the  aircraft  reaction  to  power  reduction  was  minimal  and  the  pilot  was  given  very 
weak  cues.  The  allowable  pilot  delay  was  more  than  5 seconds,  and  recovery  was 
necessary  primarily  because  of  low  rotor  speed.  The  short-term  maximum  rates 
and  accelerations  had  occurred  prior  to  2 seconds.  At  recovery,  the  roll  rate  had 
stabilized  at  essentially  4 degrees  per  secor  j (deg/sec),  and  the  yaw  rate  was 
7 deg/sec.  Roll  and  yaw  attitudes  were  20  and  27  degrees,  respectively,  at 
recovery. 

30.  Tire  aircraft  response  in  the  high-speed  flight  regime  is  shown  in  figure  7, 
appendix  F.  The  maximum  delay  time  was  4.5  seconds  for  an  airspeed  of 
111  KTAS.  The  characteristic  motion  at  high  speed  was  an  immediate  left  yaw 
acceleration  closely  followed  by  a left  roll  acceleration.  Roll  and  yaw  rates  were 
to  the  left  throughout  the  power  reduction  phase.  Roll  and  yaw  attitudes  increased 
rapidly  and  reached  maximums  of  40  and  30  degrees  at  recovery.  Motion  in  pitch 
was  very  small.  However,  the  visual  sensation  in  the  cockpit  was  one  of  roll  and 
pitch  rather  than  roll  and  yaw.  This  apparent  discrepancy  between  the  qualitative 
and  quantitative  data  can  be  resolved  by  considering  the  difference  between  the 
references  for  the  instruments  and  the  pilot.  To  the  pilot,  pitch-down  is  when 
the  aircraft  turns  toward  the  ground.  To  the  instrument,  pitch  is  motion  about 
the  lateral  axis  of  the  aircraft.  An  additional  factor  is  the  pilot's  higher  sensitivity 
to  pitch  attitude  than  to  roll  or  yaw  attitudes.  Thus,  when  the  aircraft  has  rolled 
left,  a left  yaw  rotates  the  aircraft  toward  the  ground,  and  the  pifot  senses  that 
it  is  pitching  nose  down. 

31.  During  climb  or  level  flight  at  heavy  gross  weight,  the  delay  time  became 
more  critical.  There  was  a sensation  of  "falling  through"  or  "slowing  down"  as 
power  decreased.  In  addition,  the  rotor  speed  decay  rate  was  more  noticeable. 
Comparison  of  data  at  50  KTAS  for  level  flight  at  7000  and  8400  pounds  and 
climbs  at  indicated  torques  of  29  and  35  psi  shows  that  the  aircraft  short-term 
angular  motions  are  essentially  the  same  in  each  case.  However,  there  was 
considerable  difference  in  the  normal  acceleration  characteristic,  as  shown  in 
figure  D. 

For  the  lightweight  level  flight  condition  the  change  in  normal  acceleration  was 
barely  perceptible  and  was  of  no  immediate  concern  to  the  pilot.  At  the 
heavyweight  level  flight  condition  the  minimum  normal  acceleration  reached  was 
lower  and  there  was  an  acceleration  downward  when  recovery  was  necessary.  During 
a low  powered  climb  at  light  weight,  the  torque  was  less  than  for  the  level  flight 
heavyweight  condition;  the  change  in  normal  acceleration  and  pilot  concern  was 
also  decreased.  A power  reduction  during  a high  power  climb  at  light  weight 
generated  the  most  change  in  normal  acceleration  and  caused  the  greatest  pilot 
concern  as  well  as  a decrease  in  acceptable  delay  time.  The  change  was  on  the 
order  of  3.5  ft/sec2  and  was  a strong,  unmistakable  pilot  cue  that  power  had  been 
reduced  and  that  the  flight  path  was  changing. 
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» TIME  FROM  POWER  REDUCTION  % SEC 

Figure  D.  Normal  Acceleration  Characteristics  During  Power  Reduction. 

32.  The  short-term  aircraft  response  to  power  reduction  was  qualitatively  judged 
to  be  the  same  for  all  altitudes  tested.  However,  the  overall  pilot  assessment  was 
that  there  was  a small  degradation  in  lateral-directional  stability  occurring  as  altitude 
was  increased.  This  judgment  was  substantiated  by  analysis  of  the  attitude  data 
from  density  altitudes  of  1 1 10  and  1 1,120  feet.  The  altitude  effect  became  more 
noticeable  with  increased  delay  time  and  as  the  entry  airspeed  became  higher. 
Typical  results  of  the  angular  motions  are  summarized  in  figure  8,  appendix  F. 

Forces,  Energies,  and  Powers 

33.  At  power  reduction,  the  removal  of  driving  torque  from  the  rotor  creates 
a force  imbalance  as  the  controls  are  held  fixed  and  rotor  speed  decreases.  Angular 
motions  and  decelerations  alter  the  flight  path  and  operating  conditions  with  elapsed 
time.  The  primary  forces  considered  are  thrust,  drag,  and  gravity.  The  energy  state 
is  described  by  the  aircraft  kinetic  energy,  aircraft  potential  energy,  and  the  kinetic 
energy  of  the  rotor.  During  the  tests  it  was  found  that  rotational  energy  of  the 
fuselage  was  insignificant  when  compared  to  the  other  energy  states.  The 
rotor-induced  power,  rotor  profile  power,  tail  rotor  power,  and  aircraft  parasite 
power  terms  are  determined  from  classical  calculation  procedures.  As  the  pilot 
makes  control  inputs  to  effect  the  recovery,  he  is  controlling  the  forces  to  direct 
the  aircraft  along  the  desired  flight  path,  control  the  energy  low?,  and  minimize 
the  power  required. 


, 


* 4i  - *■»  * 


^*3Sg?4^6^isC^?5«^ 


34.  The  existence  of  residual  engine  power  was  noted  during  previous  tests  (ref  10, 
app  A)  and  confirmed  during  this  program.  Tire  measured  engine  power  was  60  shp 
at  flight-idle  during  autorotation.  The  residual  power  will  affect  the  rate  of  descent, 
transfer  of  energy  between  energy  states,  or  rate  of  total  energy  loss,  the  importance 
of  which  varies  with  the  flight  situation.  An  approximation  of  rate-of-descent  change 
(AR/D)  attributable  to  the  residual  power  is  obtained  from  steady-state  power 
analysis: 


AR/d  = Ashp  x 33,000 
GW 


Where: 


Ashp  = Residual  power 


GW  = Gross  weight 

The  residual  power  decreases  rate  of  descent  by  283  ft/min  for  the  UH-1C  at 
a gross  weight  of  7000  pounds. 

35.  Main  rotor  and  tail  rotor  thrust  changes  occur  within  0.5  second  after  the 
power  reduction  begins.  The  rate  of  thrust  decrease  and  the  magnitude  of  the 
decrease  is  highest  in  the  hover  and  lessens  with  increased  airspeeds.  The  drag  force 
changes  very  little  until  the  characteristic  right  sideslip  is  introduced,  at  which 
time  there  is  a significant  increase  due  to  the  difference  in  the  effective  flat  plate 
area  of  the  front  and  side  fuselage  profiles. 

36.  During  the  power  reduction  there  is  a total  energy  loss  which  is  caused  by 
the  decrease  in  main  rotor  kinetic  energy.  The  magnitude  of  the  loss  follows  rotor 
speed  decay  characteristics  shown  in  figures  4 through  7,  appendix  F and  is 
summarized  in  figure  E.  (The  area  under  the  curve  is  a measure  of  total  speed 
loss  as  a function  of  time). 


The  greater  rotor  speed  loss  with  altitude  slightly  lowers  the  low  hover  point  on 
the  H-V  diagram. 


37 .  The  power  to  the  main  rotor  could  not  be  instantaneously  reduced,  and  this 
undoubtedly  influenced  the  total  aircraft  response  as  previously  discussed.  The 
induced  power  is  essentially  constant  until  the  collective  pitch  is  decreased  during 
the  recovery.  In  forward  flight,  the  rotor  profile  power  increased  initially  as  the 
angle  of  attack  increased  and  the  rotor  flapped  aft,  changing  the  rotor  inflow  angle; 
then  it  decreased  in  a linear  manner  until  the  collective  was  lowered. 


Flight  Path  Changes 

38.  Typical  height  changes  during  controls-fixed  power  reductions  are  summarized 
in  figure  9,  appendix  F.  During  the  power  reduction  with  collective  fixed,  the 
rotor  kmc  tic  energy  is  dissipated  to  compensate  fr»r  the  engine  shp  available  while 

13 


s 


t* 


- T££<t  *&?£_  *z$m  $►  < * . >->? 


Avg.  Gross  WT  = 7000  l.B 
Skid  Height  = 10  FT 
Entry  Rotor  opeod  = 324  RPM 


Note:  Power  Reduced  by  Rapidlv 
Reducing  Throttle  to 
Flight  Idle 

Figure  E.  Rotor  Speed  Loss  During  Power  Reduction  From  Hover. 

rotor  profile  power  and  induced  power  remain  relatively  constant.  Depending  on 
the  flight  condition,  thrust  output  stays  fairly  constant  with  fixed  collective,  which 
minimizes  the  height  loss.  For  a given  time  delay,  height  loss  is  greatest  for  a 
hover  and  decreases  with  forward  airspeed.  At  airspeeds  above  80  KTAS,  there 
is  a tendency  tc  climb  slightly,  especially  during  recovery,  primarily  due  to  the 
higher  inflow  velocity  effect  on  thrust  when  the  rotor  flaps  aft.  During  entry  from 
a stabilized  climb,  the  aircraft  continues  on  the  upward  flight  path  for  several 
seconds  before  a downward  displacement  begins. 

Recovery 

39.  The  recovery  is  the  action  necessary  to  control  aircraft  motions  generated 
by  the  power  reduction  and  aggravated  by  delay  time.  In  the  power  reduction 
phase,  pilot  judgment  was  used  to  define  a tolerance  limit  in  terms  of  a maximum 
allowable  delay  time.  This  tolerance  limit  was  based  on  the  pilot's  concern  for 
a given  cue  or  a set  of  circumstances.  The  first  recovery  motion  defines  the  critical 
axis  or  control.  Control  inputs  to  correct  for  other  motions  were  usually  made 
as  an  instinctive  action.  The  maximum  delay  tolerable  to  the  pilot  was  less  than 
maximum  delay  in  terms  of  aircraft  capability,  which  is  determined  by  the  most 
extreme  attitude  from  which  the  aircraft  can  be  recovered  with  the  maximum 
nrtumr  quoiiahto  TTii»  Hiffprpnrp  in  the  two  limits  represents  a manrin 

WilUVl  V‘  * **“  * - ----  — - » *■' 

available  to  the  pilot  who  inadvertently  delays  longer  than  was  considered 
reasonable  during  these  tests. 
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40.  Pertinent  information  concerning  the  aircraft  motions  during  entry  and  at 
recovery  is  presented  in  figures  10  through  12,  appendix  F.  In  hover,  the  power 
reduction  generates  a yaw,  which  gives  the  pilot  a very  strong  cue.  With  a high 
pilot  awareness,  the  delay  time  is  essentially  the  pilot  reaction  time.  Figure  4 shows 
such  a recovery  where  yaw  rate  was  stopped  at  7 deg/sec  within  1.0  second  and 

\ there  was  little  attitude  change.  Right  pedal  input  was  just  under  2 inches,  which 

left  a margin  of  2.6  inches  (37  percent).  A delay  on  the  order  of  2 seconds  would 
place  the  directional  control  near  the  right  limit.  Conditions  which  increase  the 
hover  power  required  will  create  more  yaw,  make  the  recovery  time  more  critical, 

^ and  increase  the  necessary  pilot  effort. 

41 . As  airspeed  is  increased  from  hover  to  20  KTAS,  the  yaw  control  requirement 
decreases  and  lateral  control  inputs  become  important  to  the  recovery.  Above 
20  KTAS,  lateral  control  inputs  are  generally  the  most  critical  recovery  item.  For 
intermediate  airspeeds  near  the  minimum  power-required  point,  aircraft  motion 
during  the  entry  and  at  recovery  is  very  small,  and  the  delay  time  can  approach 
6 seconds.  With  increasing  airspeeds  above  80  KTAS,  the  increasing  roll  rate  tends 
to  cause  the  pilot  to  recover  soone.-.  At  120  KTAS  the  delay  time  was  4 seconds 
and  the  lateral  control  input  was  5.6  inches,  which  left  a margin  of  8.9  percent. 
The  decreasing  delay  time  and  lower  bank  angles  at  higher  airspeeds  suggest  the 
pilot  is  using  roll  rate  or  acceleration  as  a cue.  A detailed  discussion  of  typical 
recovery  characteristics  at  high  airspeed/high  torque  conditions  is  presented  in 
reference  14,  appendix  A. 

42.  A summary  of  the  recovery  information  is  shown  in  figure  F.  Basing  recovery 
on  a minimum  rotor  speed  is  unsatisfactory.  The  audio  warning  is  activated  at 
305  rpm  (±5  rpm)  and  the  minimum  steady-state  autorotation  rotor  speed  is 
294  rpm.  At  hover  and  an  airspeed  beiow  15  KTAS,  the  rotor  speed  decay  does 
not  provide  warning  soon  enough,  whereas  at  airspeeds  above  1 5 KTAS,  the  rotor 
speed  limit  is  too  conservative.  Recovery  on  the  basis  of  pilot  tolerance  leaves 
considerable  control  margin  except  at  the  critical  high  airspeeds.  Above  100  KTAS 
there  is  less  than  10  percent  control  margin  during  the  recovery.  However,  the 
UH-1C  has  increased  control  response  with  increased  airspeed,  as  shown  in 
reference  10,  appendix  A,  and  thus  a constant  percentage  control  margin  imposes 
an  unrealistic  requirement  at  some  conditions. 


DIVE 


General 

43.  The  dive  phase  of  an  autorotation  is  the  interval  between  completion  of  the 
entry  phase  and  the  start  of  the  flare.  The  maneuver  typically  consists  of  a 
longitudinal  cyclic  pushover  to  a nose-down  attitude,  followed  by  acceleration  to 
| a desired  flare  airspeed.  Given  enough  altitude,  a steady-state  autorotation  at  the 

flare  airspeed  could  be  established  and  then  a flare  performed  at  any  selected  time. 
In  a maximum  performance  case,  the  flare  airspeed  is  reached  at  flare  height  above 
the  ground  with  little  or  no  time  spent  in  a steady-state  descent. 
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1.  Level  Flight  Entry 

2.  A1 l Control s • Fixed  From 
Power  Reduction  to  Recovery 

3.  Power  Reduced  by  Rapidly 
Placing  Throttle  in  Flight 
Idle 

4.  Full  Lateral  Control  Travel 
= 12.4  in.,  Directional 
Control  Travel  * 7.0  in. 


Figure  F.  Summary  of  Delay  Times  and  Control  Requirements  for  Recovery. 
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44.  The  entry  airspeed  and  flight  conditions  dictate  the  required  control  inputs 
for  the  dive.  The  critical  case  for  tne  dive  occurs  at  low  airspeeds  and  during 
climbing  conditions.  At  low  > peeds  the  dive  angle  is  greatest,  which  requires 
the  most  pilot  effort,  and  the  angle  must  be  selected  precisely  to  minimize  height 
loss.  In  high  powered  climb  the  pilot  task  is  made  difficult  by  the  aircraft  response, 
change  in  normal  acceleration,  and  the  large  change  in  flight  path  angle.  The 
complexity  of  the  dive  phase  decreases  with  entry  airspeed  to  the  point  where 
no  pushover  is  necessary  when  the  initial  velocity  is  already  greater  than  the  desired 
flare  airspeed. 

Pushover 


Level  Flight: 

45.  After  the  power  reduction  and  the  recovery,  a pushover  is  accomplished  to 
achieve  a nose-down  attitude  for  acceleration  to  flare  airspeed.  The  magnitude  and 
rate  of  initial  cyclic  input  are  largely  determined  by  knowledge  of  aircraft  response 
characteristics  and  the  airspeed  gain  that  will  be  needed.  Summaries  of  aircraft 
performance  during  the  pushover  and  some  characteristics  at  selected  conditions 
are  shown  in  figures  13  through  19,  appendix  F. 

46.  A generalized  longitudinal  stick  input  for  a pushover  from  a low-speed  entry 
for  the  UH-1C  helicopter  is  shown  in  figure  G.  The  collective  pitch  is  lowered 
in  conjunction  with  the  longitudinal  control  motion.  Required  lateral  and 
directional  control  inputs  are  made  as  the  aircraft  responds  to  the  pushover.  As 
the  cyclic  control  is  moved  forward  the  aircraft  responds  with  a nose-down  pitch, 
at  which  time  the  pilot  is  provided  cues  to  guide  his  following  actions.  The  pitch 
acceleration  reaches  a maximum  at  Tj,  and  the  pilot  responds  by  ceasing  the 
forward  control  input.  At  this  time,  the  pitch  rate  and  attitude  are  becoming  more 
nose  down,  and  aft  cyclic  is  necessary  to  bring  these  motions  under  control.  The 
aft  cyclic  input  is  continued  at  a constant  rate  until  the  pitch  rate  reaches  maximum 
at  T2-  There  is  then  a characteristic  slowing  of  the  aft  control  input.  However, 
the  attitude  is  still  becoming  more  nose  down,  and  longitudinal  control  is  used 
to  stabilize  on  an  attitude  that  will  produce  desired  airspeed. 

47.  The  considerable  scatter  in  the  pushover  data  shown  in  figure  13,  appendix  F, 
illustrates  the  pilot's  difficulty  in  judging  the  amount  and  rate  of  forward 
longitudinal  control  required.  At  this  point  in  time,  the  pilot  has  only  his  knowledge 
of  flight  conditions  and  expected  aircraft  response  to  guide  his  actions.  The  forward 
control  input  decreased  from  about  3 inches  at  10  KTAS  to  zero  at  flare  airspeed. 
After  the  initial  input,  the  aircraft  generated  cues  which  were  then  used  to 
determine  the  need  for  further  control  inputs.  The  pitch  rate  and  attitude  data 
contained  in  figure  13-1  is  much  more  consistent  than  was  the  control  input  data. 
This  demonstrates  the  response  to  the  cues  and  the  pilot's  ability  to  obtain  this 
repeatable  profile  for  a wide  range  of  flight  conditions.  The  maximum  pilot 
acceptable  pitch  rates  and  attitudes  of  18  deg/sec  and  33  degrees,  respectively, 
occurred  at  the  low-speed  entry  at  1 1 KTAS.  Maximum  values  then  decreased  with 
higher  forward  airspeeds.  These  tolerance  limits  are  consistent  with  test  results  cited 
in  references  15  through  18,  appendix  A.  The  minimum  normal  acceleration 
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usually  occurred  l second  after  the  forward  control  input,  with  the  exact  timing 
depending  on  the  control  input  in  each  case.  This  normal  acceleration  was  an 
important  pilot  cue,  and  the  minimum  tended  to  be  near  0.5g,  regardless  of  the 
pushover  airspeed.  Pushovers  from  level  flight  showed  no  significant  trends  with 
gross  weight  or  density  altitude.  The  pilot  adjusted  control  inputs  to  obtain  similar 
performance  at  a given  a’jjneed  for  all  conditions  tested. 

48.  The  effect  of  varying  the  rate  of  pushover  is  obtained  from  the  comparisons 
shown  in  figures  14  and  17,  appendix  F.  The  "normal"  pushover  is  similar  to 
those  previously  discussed  and  represents  a desirable  maneuver  from  the  pilot's 
viewpoint.  The  "steep”  pushover  produces  extreme  attitudes  and  is  beyond 
reasonable  pilot  tolerance  limits.  The  steep  pushover  generates  considerably  higher 
pitching  motions.  However,  the  time  duration  is  small,  and  tne  normal  acceleration 
is  essentially  the  same  for  both  maneuvers.  In  addition,  when  the  aft  cyclic 
correction  is  made,  the  input  is  larger  and  more  rapid  for  the  steep  pushover, 
which  tends  to  negate  the  larger  iniiial  forward  v/clic  input. 
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49.  During  a pushover  from  a level  flight  entry,  the  forward  cyclic  and  decreased 
collective  pitch  input  rapidly  slows  the  rotor  speed  decay  while  introducing  an 
increased  rate  of  descent.  'Hie  maximum  downward  veitical  acceleration  occurs 
just  after  the  highest  pitch  acceleration  is  readied.  Characteristically,  the  airspeed 
increase  is  noted  approximately  1 second  after  the  pushover.  Induced  power 
required  decreases  rapidly  when  the  collective  pitch  is  lowered;  however,  profile 
power  decreases  as  the  aircraft  pitches  down  and  reaches  a minimum  during  the 
acceleration.  A pushover  requires  2 to  3 seconds,  and  while  the  angular  motions 
are  significant,  there  is  little  time  for  the  flight  path  to  change.  Thus,  the  height 
loss  during  the  pushover  was  largely  determined  by  the  conditions  at  the  start 
of  the  maneuver.  At  16  KTAS,  the  height  loss  was  35  feet,  decreasing  as  pushover 
speed  neared  flare  airspeed. 

Climb: 


50.  Pilot  input  for  pushover  following  a power  reduction  during  climb  is 
complicated  by  the  longitudinal  instability  between  40  and  60  KTAS,  caused  by 
the  stall  of  the  horizontal  stabilizer  (ref  1 1 , app  A).  Also,  the  transition  from 
climb  to  autorotation  constitutes  a greater  trim  change  and  a greater  change  in 
stability  and  control  characteristics.  These  considerations  are  reflected  in  the  greater 
variation  in  longitudinal  control  inputs  during  climb  pushovers,  as  shown  in  a 
comparison  of  figures  13  and  15,  appendix  F.  The  normal  pilot  input  during 
pushover  generated  25  to  30  percent  higher  pitch  accelerations  and  rates  than  were 
found  during  pushovers  from  level  flight.  The  pitch  attitudes  were  also  consistently 
10  to  15  degrees  more  nose  down. 

51.  As  was  the  case  for  level  flight  pushovers,  after  the  initial  cyclic  input  the 
normal  acceleration  was  the  critical  parameter  used  by  the  pilot  to  determine  the 
longitudinal  control  inputs.  At  low  speed  and  low  rates  of  climb,  the  normal 
acceleration  characteristics  during  a climb  pushover  are  much  the  same  as  in  level 
flight.  However,  increasing  rates  of  climb  produce  considerably  lower  normal 
acceleration  values  during  the  pushover.  The  power  required  is  higher  during  the 
climb,  which  causes  an  increase  in  rotor  speed  decay  rate  of  about  10  rpm  per 
second. 

52.  The  critical  dependence  of  normal  acceleration  on  longitudinal  control  input 
is  shown  in  figuie  17,  appendix  F,  which  compares  three  pushover  time  histories 
at  a 48-KTAS  entry  airspeed  and  a 35-ft/sec  climb  rate.  A different  type  of  control 
input  is  used  in  each  case.  With  no  forward  input,  normal  acceleration  decreases 
to  0.5g,  and  with  a moderate  input  of  1 .3  inches,  drops  to  0.3g.  The  largest  forward 
cyclic  input  of  2.1  inches  yields  a minimum  normal  acceleration  of  0.06g. 
Controllability  is  decreased  at  low  values  of  normal  acceleration  and  pilot  control 
of  the  aircraft  may  be  adversely  affected  at  values  this  low.  The  ease  with  which 
uncomfortably  low  g values  can  be  reached  increases  pilot  concern  during  the 
pushover  from  climbing  entries. 

53.  The  greater  collective  pitch  control  decrease  and  the  more  nose-down  pitching 
motions  for  a pushover  from  climb  cause  higher  vertical  and  longitudinal 
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accelerations.  However,  the  effect  of  these  accelerations  is  opposed  by  the  upward 
flight  path  during  the  entry  and  at  the  start  of  the  pushover.  The  resultant  net 
height  loss  during  pushover  from  climb  entry  was  usually  less  than  15  feet,  as 
opposed  to  35  feet  for  level  flight. 

Acceleration 

Level  Flight: 

54.  The  acceleration  phase  of  the  dive  begins  when  the  pushover  is  completed 
and  is  concluded  when  the  aircraft  is  at  conditions  suitable  for  an  effective  flare. 
Sixty  KTAS  was  the  target  airspeed  chosen  for  this  analysis  and  is  near  the  airspeed 
for  minimum  rate  of  descent  in  steady-state  autorotation.  Figure  H shows  a 
representative  time  history  sequence  of  events  in  a low-speed  entry  and  dive. 
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Figure  H.  Typical  Dive  Characteristics. 
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Cardinal  points  in  the  maneuver  are  noted  by  subscripted  times  (Tj)  which  will 
be  identified  in  the  discussion.  The  maximum  nose-down  pitch  attitudes  are  reached 
at  T3.  The  larger  values  occur  at  the  lower  airspeeds  where  the  pushover  inputs 
and  desired  airspeed  gains  are  greatest.  The  maximum  longitudinal  acceleration 
accompanies  the  maximum  pitch  attitude.  The  60-KTAS  target  airspeed  is  reached 
at  about  this  time.  There  was  a characteristic  overshoot  with  a maximum  airspeed 
being  attained  at  T4.  Normal  acceleration  was  usually  passing  through  unity  between 
times  T3  and  T4.  The  pilot  cue  then  was  to  apply  aft  longitudinal  control  and 
maintain  a load  factor  of  slightly  greater  than  1,  which  in  turn  stabilized  the 
airspeed  and  reduced  rate  of  descent. 

55.  During  the  pushover,  the  aircraft  is  pitching  nose  down  and  accelerating  along 
the  flight  path.  The  pilot  must  judge  the  airspeed  gain  and  determine  when  the 
aim  airspeed  will  be  reached.  The  maximum  nose-down  attitude  was  reached  1 or 
2 seconds  prior  to  the  maximum  airspeed.  Maximum  pitch-down  attitudes  from 
figure  13-2,  appendix  F,  show  an  essentially  linear  variation  from  32  degrees  for 
an  11 -knot  entry  to  2 degrees  at  an  entry  airspeed  of  70  KTAS.  As  the  aircraft 
reaches  60  KTAS  the  normal  acceleration  is  below  lg,  the  pitch  attitude  is  nose 
down,  and  the  rate  of  descent  is  high  and  still  increasing. 

56.  The  maximum  airspeeds  that  occurred  when  the  pilot  had  to  dive  to  gain 
airspeed  define  T4,  and  arc  shown  in  figure  13-5,  appendix  F.  The  maximum 
airspeeds  reacned  are  determined  by  the  pilot  judgment  of  control  required  during 
pushover,  acceleration  along  the  flight  path,  and  timing  for  stabilizing  at  the  aim 
airspeed.  The  maximum  airspeed  reached  during  the  acceleration  generally  exceeded 
the  target  Hare  airspeed  by  8 KTAS.  The  rate  of  descent  and  flight  path  angle 
at  maximum  airspeed  are  shown  in  figure  13-5.  At  entries  below  50  KTAS,  the 
rates  of  descent  and  flight  path  angles  were  generally  between  50  and  60  ft/sec 
and  25  to  30  degrees,  respectively.  The  rate  of  descent  drops  off  sharply  for  the 
higher  entry  airspeeds  because  of  the  smaller  airspeed  changes  and  the  more  shallow 
pushovers.  Correspondingly,  flight  path  angle  is  less  steep  for  the  higher  airspeed 
entries. 

57.  After  reaching  the  maximum  airspeed,  the  aircraft  is  decelerated  as  the  pilot 
stabilizes  on  the  target  airspeed.  There  was  usually  an  overcorrection  and  the 
airspeed  decreased  below  60  KTAS,  which  is  defined  as  T5.  At  this  point,  the 
normal  acceleration  is  positive,  pitch  attitude  is  nose  up,  and  the  aircraft  is 
decelerating.  The  time  interval  between  the  initial  60  KTAS  and  T5  is  usually 
4 or  5 seconds,  which  is  nearly  half  the  time  spent  in  the  total  dive  maneuver. 
In  this  time  span,  the  pilot  is  transitioning  the  aircraft  from  a dynamic  acceleration 
to  a steady-state  autorotation  condition.  Comparison  of  figures  13-5  and  13-6, 
appendix  F,  shows  the  most  significant  changes  to  occur  for  entry  airspeeds  below 
50  KTAS.  During  the  deceleration  and  stabilizing  of  airspeed,  the  rate  of  descent 
is  reduced  by  about  30  ft/sec,  and  the  flight  path  angle  is  decreased  by  30  degrees. 
The  great  differences  in  flight  path  angle  and  rate  of  descent  indicate  that  the 
aircraft  is  in  a poor  position  to  initiate  flare  at  T4,  but  in  a good  position  at 
T5,  even  though  the  airspeed  has  decreased.  Figure  I illustrates  the  flight  path 
and  airspeed  relations  for  various  entry  airspeeds. 
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The  pilot  consistently  achieved  similar  flight  conditions  at  the  end  of  the  dive 
regardless  of  the  entry  airspeeds.  A steeper  pushover  should  reduce  the  height  loss 
to  reach  60  KTAS;  however,  tliis  may  cause  the  airspeed  to  exceed  the  aim  by 
a greater  value.  In  such  an  instance  the  rate  of  descent  will  then  be  higher,  which 
complicates  the  deceleration  and  may  result  in  more  total  altitude  required  for 
a dive.  The  importance  of  the  interval  from  60  KTAS  acceleration  to  60  KTAS 
stabilized  can  be  seen  in  figure  J,  which  shows  altitude  loss  from  entry  to  various 
conditions.  Approximately  half  the  total  height  loss  in  the  dive  occurs  during  this 
deceleration. 

58.  Rotor  speed  is  decreasing  at  the  time  of  pushover  and  the  decay  rate  is  slowed 
by  the  downward  collective  control  input.  Minimum  rotor  speed  was  generally 
reached  at  the  most  nose-down  attitude.  Rotor  speed  characteristics  are  summarized 
in  figure  13-9,  appendix  F.  During  the  aircraft  deceleration  (T4  to  T5),  rotor  speed 
increases;  however,  the  rate  of  increase  is  about  20  percent  lower  than  the 
maximum  loss  rate  during  entry  and  pushover.  Tims,  the  duration  of  the 
deceleration  phase  determines  the  rotor  energy  at  the  start  of  the  flare  and 
influences  the  flare  performance. 

59.  During  the  acceleration,  the  potential  energy  is  converted  to  aircraft  kinetic 
energy.  After  pushover,  aircraft  kinetic  energy  rises  from  that  at  entry  conditions 
to  a maximum  at  the  high  tat  airspeed,  with  the  greatest  rate  of  increase  occurring 
near  the  time  of  maximum  pitclwlown  attitude  and  longitudinal  acceleration.  The 
largest  kinetic  energies  and  maximum  rates  of  change  during  the  dive  are  shown 
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Figure  J.  Deceleration  Characteristics. 
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in  figure  13-8,  appendix  F.  As  soon  as  entry  occurs  and  the  aircraft  starts  losing 
altitude,  potential  energy  decreases.  The  maximum  descent  rate  accompanies  the 
greatest  rate  of  potential  energy  loss,  and  these  values  are  also  Shown  in  figure  13-8. 

60.  Rate  of  kinetic  energy  gain  and  rate  of  potential  energy  loss  drop  off  sharply 
past  the  50-KTAS  entry  airspeeds  corresponding  to  the  more  shallow  dives  from 
these  conditions.  The  total  aircraft  energy,  to  include  potential,  kinetic,  and  rotor, 
begins  to  decrease  at  entry.  The  rate  of  total  energy  loss  has  local  maximums 
during  the  entry  and  dive;  one  occurs  just  after  power  failure  and  prior  to  To, 
and  another  during  the  dive  in  the  vicinity  of  T4.  These  energy  loss  rate  maximums 
are  shown  in  figure  13-10,  appendix  F. 


Climb: 


61  The  pilot  input  for  a pushover  during  a climb  entry  is  shown  in  figure  15, 
appendix  F,  and  typically  there  is  a wide  variation  in  both  amount  and  rate  of 
forward  longitudinal  control  input.  As  in  level  flight,  the  pitch  rate,  pitch  attitude, 
and  normal  acceleration  data  were  more  consistent  than  were  the  initial  control 
input  data.  The  maximum  pitch  attitudes  were  i0  degrees  more  nose  down  for 
the  acceleration  after  a pushover  from  climb.  Also,  the  minimum  normal 
acceleration  reached  was  approximately  0. 1 g less,  and  the  longitudinal  acceleration 
was  greater.  Those  conditions  made  it  more  difficult  for  the  pilot  to  judge  airspeed 
gain,  and  there  was  a tendency  to  exceed  the  target  airspeed  by  5 KTAS  more 
than  for  the  level  flight  entry  case.  A higher  airspeed  produces  a higher  rate  of 
descent,  so  that  a longer  deceleration  is  needed  to  give  the  same  conditions  at 
the  start  of  the  flare.  Conditions  at  the  maximum  airspeed  are  presented  in 
figure  15-4,  and  show  a higher  rate  of  descent  and  a steeper  flight  path  angle. 

62.  Main  rotor  performance  during  pushover  and  dive  is  shown  in  Fumre  15-9, 
appendix  F.  Total  rotor  speed  change  and  rate  of  decay  are  more  severe  from 
the  higher  power  climbing  conditions  than  for  level  flight  at  similar  airspeeds.  The 
rotor  speed  loss  ranges  from  90  to  40  rpm,  compared  with  70  to  30  rpm  in  level 
flight  entries.  Rates  of  rotor  speed  gain  during  the  dive  are  more  comparable,  as 
the  diving  portions  are  very  similar. 


63.  Maximum  kinetic  energies  and  kinetic  and  potential  energy  rates  of  change  | 

are  shown  in  figure  15-8,  appendix  F.  Maximum  kinetic  energy  rate  of  increase  1 

occurs  somewhat  sooner  than  in  level  flight  entry  dives,  and  the  values  tend  to  J 

be  larger.  Maximum  potential  energy  loss  rates  are  slightly  higher  than  for  dives  | 

from  level  flight  entry.  J 
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FLARE 


General 


64.  The  flare  is  defined  as  the  transition  maneuver  required  to  proceed  from  the 
dive  condition  to  one  from  which  a safe  landing  can  be  made.  This  maneuver 
is  complicated  by  tile  many  pilot  judgment*  wliicli  must  be  made  and  the  critical 
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dependence  upon  the  magnitude,  timing,  and  sequence  of  the  control  inputs.  Pilot 
apprehension  is  a factor  because  of  ground  proximity  and  rate  of  closure.  The 
flare  effectiveness  is  considered  in  terms  of  forces  generated  and  energy  relationships 
that  transpire  during  the  flare  maneuver  and  will  be  influenced  by  the  flare  airspeed 
and  rotor  characteristics,  as  well  as  the  magnitude  and  rapidity  of  the  control  inputs. 
The  minimum  flare  airspeed  is  selected  on  the  basis  of  some  established  aircraft 
performance  or  pilot  suitability  criteria. 


65.  As  the  longitudinal  control  is  moved  aft  to  effect  a nose-up  attitude,  the 
increased  angle  of  attack  causes  the  rotor  to  accelerate.  The  thrust  vector  is 
increased  and  is  tilted  aft,  which  decreases  forward  speed  and  rate  of  descent. 
During  the  flare  the  aircraft  energy  is  converted  to  rotor  energy,  which  will  be 
used  during  the  landing  maneuver.  During  the  cyclic  flare  collective  control 
application  may  be  necessary  to  prevent  rotor  overspeed  or  to  slow  the  vertical 
descent  rate.  A collective  application  is  usually  without  cyclic  input  from  a 
steady-state  descent  condition  when  the  forward  speed  at  flare  termination  is  not 
a primary  concern.  The  collective  pitch  application  causes  a thrust  increase  and 
a loss  in  rotor  speed.  The  increased  thrust  slows  rate  of  descent  and  decreases 
the  flight  path  angle.  Some  aft  cyclic  may  be  used  to  prevent  excessive  rotor  speed 
loss  or  to  decrease  forward  speed. 


Cyclic  Flare 


66.  The  aircraft  operating  conditions  during  a steady-slate  descent  have  been 
previously  published  in  references  6,  10,  and  11,  appendix  A,  and  for  this  test 
are  summarized  in  figures  20  and  21,  appendix  F.  Cyclic  flare  performance  is 
summarized  in  figure  22.  Cyclic  flares  from  steady-state  and  dive  conditions  are 
shown  in  figures  23  through  33. 


67 .  Tests  were  conducted  to  evaluate  aircraft  performance  and  obtain  pilot  opinion 
concerning  flare  techniques,  fla-.e  rates,  and  flare  attitudes.  The  aircraft  stability 
and  control  characteristics  influenced  the  pilot's  judgment  of  control  input.  The 
characteristic  shape  of  the  longitudinal  control  input  for  a cyclic  flare  is  illustrated 


in  figure  K. 


At  low  and  moderate  speeds  there  was  a tendency  to  apply  excessive  aft  cyclic, 
which  then  required  a forward  control  adjustment  to  a position  forward  of  the 
initial  trim  point,  as  shown  by  Vj  and  V2,  figure  K.  For  the  higher  airspeeds, 
V3  and  V4,  the  pilot  could  better  judge  the  correct  control  input  needed  for  the 
desired  result. 


68.  At  the  start  of  the  flare,  the  pilot  has  only  his  knowledge  of  the  expected 
aircraft  response  to  guide  the  amount  of  control  input  needed  at  different  airspeeds. 
The  aft  cyclic  control  input,  To  to  Ti,  was  generally  made  at  a rate  of  about 
5 inches  per  second.  The  aft  control  input  was  continued  until  the  maximum  pitch 
acceleration  was  reached  at  Tl . For  all  flare  airspeeds  the  maximum  pitch 
accelerations  were  on  the  order  of  15  deg/sec2.  The  control  input  was  then 
maintained  until  the  pitch  rate  reached  a maximum  at  T2.  The  time  interval  between 
Tj  and  T2  varies  with  pitch  controllability  characteristics  and  is  thus  longest  at 
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ii  .;rmediate  flare  airspeeds  and  decreases  at  the  high  and  low-speed  extremes.  After 
the  maximum  pitch  rate  was  reached,  the  cyclic  control  was  moved  forward  to 
attain  the  desired  pitch  attitude.  The  maximum  acceptable  pitch  attitude  at 
different  flare  airspeeds  is  shown  in  figure  22-3,  appendix  F.  For  airspeeds  below 
45  KTAS  there  was  very  little  to  be  gained  from  the  flare  and  the  pilot  used 
shallow  flare  angles.  As  the  flare  performance  increased  progressively  with  higher 
flare  airspeeds,  the  pilot  increased  flare  attitude  to  a maximum  of  about  30  degrees 
nose-up.  Higher  angles  were  possible  but  they  were  uncomfortable  and  restricted 
forward  visibility. 

69.  Flares  at  35  KTAS  and  below  were  found  to  vary  considerably  from  those 
at  higher  airspeeds.  This  unusual  condition  is  represented  by  V]  in  figure  K.  At 
Tj , the  angular  pitch  accelerations  were  typical  and  would  appear  to  be  satisfactory. 
However,  there  was  a downward  acceleration  and  lack  of  flight  path  change,  which 
so  strongly  influenced  the  pilot  that  he  quickly  moved  the  stick  forward  to  level 
the  aircraft.  Normal  acceleration  forces  generated  during  flares  at  different  airspeeds 
arc  summarized  in  figure  L. 


TIMK 


Figure  K.  Longitudinal  Control  Input  for  a Cyclic  Flare. 
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MAXIMUM  NORMAL  ACCELERATION 
AT  THE  PILOTS  STATION 
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Amb.  Temp.  'v  °C  = 
Density  All  'v  FT  = 


Figure  L.  Normal  Accelerations  from  Cyclic  Flares. 

70.  The  maximum  aft  control  input  of  5 inches  at  the  45-KTAS  condition  did 
not  violate  a 10-percent  aft  control  margin.  The  left  lateral  and  left  directional 
control  requirements  during  the  flare  were  small  and  were  of  no  particular  concern. 
During  the  flare,  there  was  a tendency  to  yaw  right. 

7 1 . The  pitch  attitude  becomes  progressively  more  nose  up  as  airspeed  is  decreased 
from  50  KTAS  during  steady-state  descent,  the  descent  angle  steepens,  and  the 
rate  of  descent  becomes  greater.  Descent  angles  during  steady-state  autorotations 
are  shown  in  figure  M. 
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Figure  M.  Flight  Path  Angle  in  Steady  State  Autorotation. 
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The  flare  effectiveness,  flight  path  angle,  and  ground  proximity  determine  the 
acceptable  pitch  attitude.  The  acceptable  pitch  attitude  became  more  nose-up  as 
the  flare  airspeed  increased.  However,  the  resultant  angle-of-attack  change  tends 
to  be  about  20  degrees  for  all  the  flare  conditions.  Thrust  changes  occur 
immediately  after  the  aft  cyclic  input  and  at  flare  airspeeds  above  40  KTAS,  build 
to  a maximum  as  the  pilot  is  stabilizing  on  the  desired  pitch  attitude. 


72.  There  is  generally  a decrease  in  rotor  speed  during  the  entry  and  dive  which 
can  be  as  large  as  60  rpm,  depending  upon  the  initial  delay  time  and  duration 
of  the  deceleration  phase  of  the  dive.  Thus,  the  rotor  speed  at  flare  could  be 
well  below  the  steady-state  minimum  of  294  rpm. 


73.  Tests  were  conducted  at  rotor  speeds  of  260  and  290  rpm,  and  are 
summarized  in  figure  22,  appendix  F.  In  general,  the  performance  is  better  at  the 
high  rotor  speed  for  flare  airspeeds  below  40  KTAS.  Above  40  KTAS,  the 
performance  is  similar  for  both  rotor  speeds  and  becomes  progressively  better  with 
increased  airspeed.  The  decelerating  horizontal  and  vertical  forces  follow  the  main 
rotor  thrust  trends.  The  cyclic  flare  effectively  decreases  the  forward  motion  and 
also  slows  the  rate  of  descent.  At  low  speed  there  is  little  thrust  increase  from 
the  flare;  however,  tilting  the  thrust  vector  aft  introduces  an  aft  force,  which  slows 
forward  speed  even  though  there  is  little  vertical  deceleration.  At  higher  speeds, 
the  horizontal  deceleration  is  more  pronounced  because  of  the  combined  effects 
of  aft  tilt  and  increased  thrust. 


74.  The  energy  change  during  the  flare  is  one  of  exchanging  aircraft  kinetic  and 
potential  energy  losses  for  an  increase  in  the  main  rotor  energy.  The  total  aircraft 
energy  changes  during  the  flare  can  be  expressed  as 


AE  „ = ARE  + APE  + AKE^ 

system  AC  MR 


Where: 


AKEac  = Change  in  aircraft  kinetic  energy 


APE  = Change  in  aircraft  potential  energy 


AKEmr  = Change  in  main  rotor  kinetic  energy 


The  first  two  terms  on  the  right  side  of  the  equation  are  negative,  since  the  aircraft 
is  losing  speed  and  altitude.  The  change  in  potential  energy  depends  on  the  .initial 
rate  of  descent  ai:d  the  decrease  that  occurs  during  the  flare.  The  kinetic  energy 
of  the  rotor  increases  when  a gain  in  rotor  speed  occurs.  Energy  changes  are 
summarized  in  figure  22-9,  appendix  F.  For  the  low-speed  flares,  there  is  little 
effect  from  the  flare  and  the  aircraft  continues  to  descend  with  no  signficant  change 
in  flight  path  or  rotor  energy.  The  efficiency  of  the  flare  is  defined  as  the  energy 
conversion  ratio,  as  calculated  from  equation  2. 


f'J'-W5Tfv^  " ^gs»y 
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ARE, 


n = 


'MR 


AKEac  + APE 


(2) 


Where: 


7j  = Flare  efficiency 

The  improved  efficiency  with  increasing  airspeed  is  summarized  in  figure  N. 


The  low  efficiency  at  low  airspeeds  is  caused  by  the  large  amount  of  energy  needed 
to  overcome  the  increased  rotor  power  required.  When  the  flare  efficiency  is  low, 
it  is  very  important  that  the  pilot  utilize  the  energy  in  the  best  manner.  Although 
there  is  more  efficiency  at  high  speeds,  the  total  energy  which  must  be  dissipated 
is  also  much  higher.  This  energy  loss  can  be  accomplished  through  a combination 
of  the  higher  flare  angle  and  increased  time  for  which  the  flare  is  maintained. 
Additional  details  of  the  characteristics  during  deceleration  from  high-speed 
conditions  are  presented  in  the  landing  discussion  (para  94).  The  gain  in  rotor 
kinetic  energy  was  essentially  zero  at  35  KTAS  and  increased  to  200  shp  per 
second  at  50  KTAS.  At  flare  airspeeds  above  50  KTAS,  the  pilot  tended  to 
decrease  the  flare  angle  and  duration  such  that  there  was  little  additional  gain 
in  effectiveness.  The  energy  terms  summed  as  in  equation  1 arc  shown  graphically 
in  figure  O. 


Cross  WT  1,1)  * Density  Alt.  'v  Ft  - 

Ainb.  Temp,  'v  °C  - Flare  Rotor  Speed  'v  RPM  = 
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Figure  O.  Total  Energy  Changes  During  Cyclic  Flare. 
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75.  The  total  energy  rate  of  change  is  greater  at  the  higher  rotor  speed,  and  an 
effective  flare  can  be  accomplished  at  a lower  airspeed.  At  flare  airspeeds  below 
the  minimum  effective  the  rotor  is  not  accelerating,  the  aircraft  is  not  being  slowed, 
and  the  total  energy  change  is  primarily  a loss  in  potential  energy  over  which 
the  pilot  has  no  control.  Flare  airspeed  increases  to  70  KTAS  are  progressively 
more  desirable.  At  airspeeds  above  70  KTAS,  the  flare  performance  available  is 
greater  than  that  needed  for  normal  situations. 

76.  The  height  loss  during  the  flare  from  50  KTAS  was  20  feet  for  260  rpm 
and  60  feet  for  a rotor  speed  of  290  rpm.  The  greater  height  loss  is  attributed 
to  the  higher  rate  of  descent  at  flare  entry  for  the  290-rpm  condition.  At  flare 
airspeeds  above  the  minimum  effective  airspeed,  the  loss  was  essentially  a constant 
for  the  technique  used.  However,  there  was  sufficient  performance  available  for 
the  pilot  to  control  height  loss  by  adjusting  the  technique  and  accepting  the 
different  rotor  energy  and  kinetic  energy  characterises  that  will  result. 

Altitude  Effects 

77.  Typical  time  histories  of  the  flare  characteristics  at  a density  altitude  of 
9400  feet  are  presented  in  figures  29  and  30,  appendix  F.  Comparison  with  a 
density  altitude  of  870  feet  in  figures  23  and  24  shows  no  apparent  change  in 
the  pilot  cues  and  the  flare  was  accomplished  in  the  same  manner.  The  angular 
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pitch  acceleration  and  rate  developed  appears  to  be  slightly  lower  at  the  high 
altitude.  The  rotor  acceleration  and  thrust  development  are  also  slower  at  high 
altitude.  A higher  true  airspeed  is  required  to  produce  an  effective  flare,  which 
necessitates  a greater  altitude  loss  during  the  dive.  Results  at  two  altitudes  are 
compared  in  figure  P. 

78.  Figure  P reflects  a change  in  the  flare  characteristics  with  flare  airspeed.  At 
the  high  altitude,  the  longer  time  required  for  the  flare  and  the  less  effective 
decelerations  result  in  more  height  loss  during  the  flare.  The  time  difference  of 
1 second  corresponds  to  about  30  feet  at  an  airspeed  of  60  KTAS.  The  pilot 
must  account  for  the  added  height  loss  by  starting  the  flare  higher  above  the  ground 
or  by  executing  a more  rapid  flare  as  the  density  altitude  increases. 

Gross  Weight  Effects 

79.  Increasing  gross  weight  from  6890  to  8125  pounds  required  no  change  in 
the  cyclic  flare  technique  so  far  as  the  pilot  was  concerned.  Comparison  of 
figures  26  and  28,  appendix  F,  shows  angular  pitch  resDonse  to  be  essentially  the 
same  for  both  weights.  At  the  heavier  weight  the  rotor  speed  tended  to  increase 
more  rapidly.  The  induced  power  required  was  approximately  100  shp  higher  and 
the  normal  acceleration  was  reduced  by  7 ft/sec2.  Thus,  for  a given  flare  technique 
and  performance,  increased  gross  weight  requires  a higher  flare  airspeed  or  a longer 
flare  duration. 

Rate  of  Cyclic  Flare 

80.  The  cyclic  flare  can  be  accomplished  at  any  rate  desired  by  the  pilot.  During 
these  tests  the  majority  were  conducted  at  a "normal"  rate  which  was  based  on 
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Figure  P.  Comparison  of  Thrust  Giaracteristics  with  Density  Altitude  Change 
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pilot  familiarity  with  the  aircraft  and  his  judgment  as  to  what  the  performance 
requirements  were  for  the  flare  condition.  Aft  cyclic  control  inputs  up  to  2 inches 
per  second  produced  flares  that  were  considered  slow,  control  inputs  of  2.5  to 
5.5  inches  per  second  were  normal,  and  inputs  higher  than  5 inches  per  second 
generated  rapid  flares.  Characteristic  performance  changes  that  occur  with  rate  of 
cyclic  flare  can  be  obtained  from  figure  33,  appendix  F. 


81.  With  a rapid  flare  the  aircraft  pitches  much  more  quickly  and  the  cyclic  input 
must  be  adjusted  rapidly  to  prevent  excessive  rates  from  oeing  generated.  This 
can  be  accomplished  so  that  the  flare  attitude  increases  to  a desired  maximum 
in  4 seconds  Rotor  speed  also  increases  much  more  rapidly  with  a sharp  flare 
and  caution  must  be  used  to  prevent  exceeding  the  limit.  The  thrust  increase  is 
more  rapid  and  reaches  a higher  value  than  for  a given  cyclic  input  at  a slower 
rate.  The  change  in  the  flare  effectiveness  is  illustrated  by  figure  Q.  The  benefits 
of  a rapid  flare  are  essentially  nil  at  lower  airspeed  and  progressively  increase  with 
higher  airspeed. 
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Figure  Q.  Thrust  Characteristics  with  Rate  of  Cyclic  Rare. 
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82.  The  greater  thrust  and  pitch  attitude  with  a rapid  flare  significantly  decreases 
the  airspeed  and  rate  of  descent.  The  energy  exchange  is  more  effective  with  a 
larger  decrease  in  aircraft  kinetic  energy  and  a smaller  loss  in  potential  energy 
while  providing  more  rotor  energy  to  use  during  the  landing  phase. 


} Flare  from  Accelerating  Autorotation 

83.  Typical  flares  from  a diving  condition  at  low  and  medium  flare  airspeeds  are 
shown  in  figures  31  and  32,  appendix  F.  Table  2 compares  conditions  at  the  start 

. of  the  flare  from  accelerating  and  steady-state  autorotations. 

The  most  significant  differences  to  the  pilot  are  the  much  higher  rates  of  descent 
and  the  extreme  nose-down  attitudes.  The  angle  of  attack  and  power  required  are 
important  with  respect  to  rotor  performance  in  the  flare. 

84.  The  control  inputs,  aircraft  response,  and  pilot  comments  suggest  that  no 
alternate  pilot  considerations  are  necessary  for  the  two  maneuvers.  Although  the 
aircraft  is  considerably  more  nose  down,  the  change  in  attitude  and  angle  of  attack 
is  essentially  the  same.  Flares  from  dives  introduce  considerably  more  roll  and 
yaw  response  with  an  accompanying  increase  in  pilot  workload.  At  60  KTAS,  the 
flare  from  the  accelerating  autorotation  generated  a rotor  speed  increase  of 
13  rpm/sec  as  compared  to  8 rpm/sec  for  the  steady-state  case.  The  thrust 
characteristics  follow  the  rotor  speed  trends,  with  about  25  percent  more  thrust 
being  realized  when  flaring  from  a dive.  The  acceleration  components  in  the 
horizontal  and  vertical  axes  were  also  larger  than  during  a flare  from  steady  state. 


Table  2.  Comparison  of  Aircraft  Conditions  at  Flare 
From  a Dive  and  From  Steady  State.1 


Flare  Condition 

True 

Airspeed 

(kt) 

Pitch 

Attituue 

(deg) 

Angle  of 
Attack 
(deg) 

Rate  of 
Descent 
(ft/sec) 

39 

-14 

20 

36 

Dive 

48 

-15 

21 

46 

60 

-18 

11 

45 

35 

4 

41 

40 

Steady  state 

42 

1 

23 

27 

59 

Zero 

15 

26 

'Average  rotor  speed:  300  rpm. 
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85.  At  the  start  of  the  flare,  fixing  airspeed  and  rotor  speed  establishes  the  kinetic 
energy  conditions.  Potential  energy  is  determined  by  the  height  above  the  ground, 
which  was  not  a constant  for  the  flight  data  shown  in  appendix  F.  However,  in 
a dive,  the  flare  produces  a larger  gain  in  rotor  energy  while  at  the  same  time 
the  higher  descent  rate  is  causing  a more  rapid  loss  of  potential  energy.  The  result 
is  that  the  energy  exchange  from  aircraft  to  rotor  is  more  effective  when  flaring 
from  a dive,  although  the  total  energy  characteristics  are  essentially  the  same. 

86.  The  main  rotor-induced  power  characteristics  are  similar,  although  when  flaring 
from  a dive  the  magnitude  is  about  25  percent  higher.  Profile  power  characteristics 
are  considerably  different.  A more  rapid  increase  in  profile  power  with  aft  control 
input  is  caused  by  the  higher  rotor  speed  gains. 

87.  The  effect  of  the  cyclic  flare  on  rate  of  descent  and  forward  airspeed  is 
essentially  the  same  whether  starting  from  steady  state  or  a dive.  Tims,  for  a given 
airspeed  the  higher  initial  rate  of  descent  results  in  a higher  rate  of  descent  at 
the  conclusion  of  the  flare  maneuver.  Also,  for  a given  time  increment  the  height 
loss  will  be  correspondingly  greater.  At  60  KTAS  the  vertical  distances  are  140  and 
80  feet,  respectively,  for  dive  and  steady-state  flares. 

Collective  Applications 

88.  The  collective  flare  is  generally  made  from  steady-state  descent  conditions 
such  as  are  shown  in  figure  20,  appendix  F.  The  collective  application  is 
particularly  .mportant  at  airspeeds  below  the  minimum  airspeed  where  an  effective 
cyclic  flam  cannot  be  used  to  increase  rotor  speed.  In  this  airspeed  range,  the 
rotor  energy  is  all  that  the  pilot  has  available  to  decelerate  the  aircraft  and  cushion 
the  landing.  The  characteristic  collective  input  was  the  same  for  all  test  conditions 
and  is  illustrated  in  figure  R. 


Figure  R.  Typical  Control  Input  for  Collective  Flare. 
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89.  The  initial  rate  of  co.lective  input  (To  - Tj)  was  maintained  until  the  normal 
accelerations  had  peaked  at  about  1.5g.  The  collective  was  then  input  at  a rate 
of  1 to  1 .5  inches  per  second  until  the  normal  acceleration  had  begun  to  decrease. 
Also,  during  the  second  phase  (T i - T2)  the  rotor  decay  rate  had  stabilized  at 
a value  of  about  20  rpm/sec;  the  rate  of  descent  and  the  descent  angle  were 
decreasing  rapidly.  The  maximum  collective  control  position  was  held  until  the 
normal  acceleration  had  returned  to  nearly  1 , at  which  time  it  was  apparent  the 
flare  was  no  longer  effective  and  the  collective  was  lowered. 

90.  The  thrust  increase  during  the  flare  was  about  700  pounds  per  inch  of 
collective  application  and  there  was  little  airspeed  effect  for  the  range  of  40  to 
70  KTA3.  The  horizontal  and  vertical  decelerations  were  about  3 and  15  ft/sec2, 
respectively.  The  flare  maneuver  typically  reduced  the  rate  of  descent  30  ft/sec 
and  decreased  airspeed  by  about  5 knots. 

9 1 . Aircraft  kinetic  energy  is  decreased  at  the  expense  of  the  rotor  kinetic  energy 
loss.  The  efficiency  of  the  flare  is  defined  by 

. Aircraft  kinetic  energy 

Ecriciencv  = — — ■ •—  ■ - — — — - — 

J Rotor  kinetic  energy  + potential  energy 

The  rotor  energy  was  converted  with  an  efficiency  of  approximately  25  percent. 

92.  In  steady-state  autorotation,  rate  of  descent  at  flare  initiation  is  highest  at 
low  airspeeds  and  reaches  a minimum  at  50  KTaS.  At  this  or  higher  airspeeds, 
the  rate  of  descent  could  be  stopped  with  a collective  flare  height  loss  of  about 
60  feet.  Significant  increases  in  height  lost  during  the  flare  were  encountered  when 
the  flare  airspeed  was  below  50  KTAS. 
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93.  The  nature  of  the  landing  is  primarily  dictated  by  the  entry  conditions.  The 
tnree  general  types  of  landings  to  be  considered  are  those  from  low  hover; 
low-speed,  low-altitude;  and  high-speed,  low-altitude.  When  landing  from  a hover, 
there  is  only  rotor  energy  to  dissipate  the  potential  energy  of  the  aircraft.  In 
low-speed,  low-altitude  flight,  the  kinetic  and  potential  energy  of  the  aircraft  can 
be  used  to  varying  degrees  depending  on  the  height-airspeed  combination.  As 
airspeed  is  increased  toward  a minimum  effective  flare  airspeed,  a greater  amount 
of  flare  can  be  used.  When  above  the  minimum  effective  flare  airspeed,  the  excess 
aircraft  kinetic  energy  can  be  used  to  build  rotor  speed  and  maintain  height  while 
slowing  to  a desirable  touchdown  speed.  Each  landing  must  be  accomplished  within 
the  gear  limits  and  with  sufficient  rotor  speed  to  prevent  excessive  main  rotor 
flapping  which  may  allow  the  rotor  blade  to  strike  the  tail  boom. 
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Hover  Landing 

94.  The  hover  landing  data  shown  in  figures  37  through  40,  appendix  E,  were 
obtained  from  power  reductions  in  a stabilized  hover.  The  rapid  yaw  acceleration 
with  power  reduction  provided  the  pilot  with  an  immediate,  unmistakable  cue  and, 
thus,  the  only  delay  was  essentially  the  pilot  reaction  time.  Approximately  2 inches 
of  directional  pedals  were  required  to  control  the  yawing  -.notion.  There  was  also 
a need  for  about  1 inch  of  aft  and  right  cyclic  during  the  power  reduction  and 
landing. 

95.  From  power  reduction  to  landing,  the  rotor  speed  decreases  rapidly.  At  hover 
height  below  10  feet,  the  pilot  has  no  option  but  to  input  collective  as  required 
prior  to  ground  contact.  The  constant  collective  application  of  approximately 
1.6  inches  per  second  shown  in  figure  37,  appendix  F,  was  sufficient  to  counter 
a downward  acceleration  of  2.5  ft/sec^  and  maintain  a 3-ft/sec  rate  of  descent. 
The  results  show  that  the  pilot  could  make  very  good  judgments  concerning  the 
rate  of  descent,  ground  proximity,  and  amount  of  control  required  to  make  a 
safe  landing. 

96.  Increasing  height  above  the  ground  or  increasing  gross  weight  adds  to  the 
potential  energy  which  the  rotor  must  dissipate.  However,  the  rotor  energy  available 
is  fixed  for  a given  rotor  speed  and,  thus,  the  pilot  judgment  of  collective  usage 
becomes  more  critical.  For  maximum  safety  margin,  the  rotor  speed  should  be 
the  highest  allowable  so  as  to  have  the  greatest  rotor  energy  available  when  hovering 
near  the  ground.  Tests  were  conducted  at  a 5-foot  skid  height  while  increasing 
the  gross  weight.  The  collective  was  applied  so  that  full  input  was  reached  at  ground 
contact.  The  increased  gross  weight  caused  a higher  rate  of  descent  after  the  power 
reduction,  and  the  pilot  had  to  input  the  collective  more  rapidly.  This,  in  turn, 
generated  more  thrust  so  that  over  a certain  weight  range  the  average  rate  of 
descent  from  power  reduction  to  touchdown  was  essentially  the  same.  At  a certain 
gross  weight  the  total  rotor  capability  is  being  used  and  the  pilot  cannot  prevent 
an  increase  of  rate  of  descent  with  added  gross  weight.  The  tests  were  conducted 
at  density  altitudes  of  2940  and  7000  feet,  and  there  was  no  difference  in  the 
resulting  performance.  As  rate  of  descent  at  touchdown  became  greater  than 
2 ft/sec,  there  was  an  ever-present  concern  that  a hard  landing  had  occurred.  As 
the  height  above  the  ground  is  increased,  a technique  change  is  necessary.  Up  to 
a given  height,  a constant-rate  collective  input  will  keep  touchdown  rate  of  descent 
within  limits.  Additional  height  then  dictates  that  the  collective  input  be  delayed 
and  rotor  energy  be  conserved  until  the  aircraft  is  near  the  ground.  The  initial 
tests  were  conducted  using  a technique  of  maintaining  a contant  collective  position 
until  near  the  ground,  and  ther.  applying  full  collective  prior  to  ground  contact. 
The  pilot  tended  to  apply  the  collective  when  rate  of  descent  was  7 ft/sec  or 
gicdter. 

97.  Improved  hover  landing  performance  can  be  obtained  by  altering  the  technique 
as  shown  in  figures  39  and  40,  appendix  F.  Lowering  the  collective  decreases 
thrust  and  increases  the  rate  of  descent.  At  the  same  time,  rotor  energy  is  conserved 
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so  that  it  may  be  used  just  prior  to  touchdown.  However,  this  technique  is  very 
critical  with  respect  to  height  or  rate  of  descent  and  is  considerably  beyond  that 
expected  during  an  actual  emergency.  The  largest,  most  rapid  collective  input  of 
7.5  in./sec  is  shown  in  figure  40.  The  thrust  increase  of  4500  pounds  caused  a 
vertical  acceleration  of  0.3 5g  and  decreased  rate  of  descent  by  5 ft/sec. 

Low-speed,  Low-Altitude  Landings 

98.  Low-speed,  low-altitude  landings  are  defined  as  those  accomplished  from  the 
area  A-B-C-D  shown  in  figure  S (excluding  hover).  When  the  power  reduction  occurs 
outside  the  avoid  area,  the  dive  and  flare  determine  the  conditions  from  which 
the  landing  will  be  made.  Forward  speed  and  rate  of  descent  should  be  relatively 
low,  and  rotor  speed  should  be  in  the  upper  ranges.  For  a power  reduction  within 
the  area  A-B-C-D,  pilot  recognition  and  action  are  critical,  since  there  is  a rapid 
rotor  speed  decay  and  rate-of-descent  increase  immediately  after  the  power 
reduction. 

In  this  area  there  is  not  sufficient  height  above  the  ground  to  dive  and  gain  airspeed, 
nor  is  there  adequate  airspeed  to  accomplish  an  effective  cyclic  flare.  Figures  41 
and  42,  appendix  F,  show  low-speed  approaches  and  landings.  During  the 
approach,  the  technique  was  to  maintain  the  highest  thrust  without  bleeding  rotor 
speed  and  decrease  forward  speed.  As  the  aircraft  nears  the  ground  the  collective 
is  input  in  the  same  manner  as  during  a hover  landing. 


Figure  S.  Landing  Envelope. 
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99.  During  the  landing  shown  in  figure  41,  appendix  F,  the  thrust  reached  a 
maximum  before  the  full-up  collective  position  was  reached  and  then  decreased 
as  the  rotor  speed  decayed.  The  longitudinal  control  was  moved  aft  1 second  prior 
to  touchdown,  which  increased  thrust  and  rapidly  decreased  forward  speed  from 
17  to  5 KTAS. 

100.  The  collective  application  during  landing  rapidly  decreased  the  rotor  speed 
while  effectively  reducing  forward  speed  and  rate  of  descent.  The  rotor  energy 
was  used  more  efficiently  than  during  the  hover  landing  or  during  flares  at  altitude. 
The  improvement  is  apparently  caused  by  the  ground  effect,  which  was  not  present 
during  the  flare  tests. 
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High-Speed,  Low-Altitude  Landings 

101.  The  high-speed  avoid  area  shown  as  C-D-E-F,  figure  S,  is  defined  by  the 
entry  characteristics  and  the  aircraft  geometry.  During  the  entry,  the  aircraft 
motions  may  cause  a flight  path  change  and  height  loss  as  the  controls  are  held 
fixed.  Additional  height  may  be  lost  as  the  recovery  is  accomplished.  At  high  speed, 
the  aiicraft  must  be  slowed  prior  to  landing,  which  requires  that  sufficient  altitude 
be  available  to  maneuver.  Figure  T illustrates  the  UH-1C  helicopter  and  ground 
clearance  requirement  for  typical  deceleration  or  obstacle  avoidance  maneuvers. 


Figure  T.  UH-1C  Ground  Clearance  Requirements  for  Maneuvering 


Thus,  the  height  of  the  avoid  area  at  C-E  is  the  sum  of  the  three  items  discussed. 
For  the  UH-1C,  an  entry  at  1 1 1 KTAS  with  a 2-second  delay  produces  a height 
loss  of  55  feet  (fig.  1,  app  F).  A 30-degree  flare  requires  9 feet,  which  establishes 
the  minimum  avoid  area  at  64  feet. 
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102.  The  high-speed  touchdown,  point  D,  figure  S,  is  determined  by  the 
landing  gear  capability  in  terms  of  drag  loads  since  there  is  no  height  available 
for  recovery  and/or  flare.  The  rotor  thrust  and  rate  of  descent  at  touchdown 
establishes  the  normal  force  experienced  by  the  landing  gear.  Landing  terrain  and 
type  of  landing  gear  determines  the  coefficient  of  friction.  From  these,  landing 
gear  loads,  decelerating  forces,  and  sliding  distances  can  then  be  calculated. 

103.  In  the  event  of  a power  reduction  occurring  within  the  avoid  area,  rapid 
pilot  recognition  with  little  delay  time  minimizes  the  height  loss,  facilitates  recovery, 
and  may  allow  a safe  landing  maneuver.  In  such  a case,  collective  control  can 
be  used  to  gain  height  at  a sacrifice  of  rotor  speed.  The  airspeed  is  then  decreased 
with  a cyclic  flare,  which  restores  rotor  speed  and  allows  the  low-speed,  low-altitude 
area  to  be  entered  with  a relatively  low  rate  of  descent.  From  this  point,  a landing 
is  accomplished  as  previously  described. 


HEIGHT-VELOCITY  DIAGRAMS 
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General 


104.  The  H-V  diagram  will  depend  on  the  aircraft  flight  characteristics, 
technique,  and  constraints,  as  well  as  the  landing  terrain.  The  flight  condition  will 
determine  whether  a dive  and/or  a flare  will  be  required.  The  maneuver  can  be 
considered  in  terms  of  three  general  cases,  as  shown  in  figure  U. 


Figure  U.  Height-Velocity  Diagram. 
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From  area  1,  the  aircraft  must  be  dived  to  reach  the  minimum  effective  flare 
airspeed.  The  intent  is  to  minimize  rotor  energy  losses  while  exchanging  potential 
energy  for  aircraft  kinetic  energy.  In  area  2,  there  is  sufficient  airspeed  for  an 
effective  flare,  and  a dive  is  not  necessary.  The  potential  energy  must  be  dissipated 
while  maintaining  airspeed  and  rotor  speed.  The  low  airspeed  in  area  3 prevents 
an  effective  flare,  and  rotor  energy  must  be  used  to  overcome  the  aircraft  potential 
energy  and  descend  to  a landing. 

105.  The  criticality  of  the  pilot  actions  is  primarily  dependent  upon  proximity 
to  the  avoid  areas.  When  close  to  the  curve  the  pilot  must  closely  adhere  to  the 
technique  and  conditions  on  which  the  curve  is  based.  When  at  a reasonable  distance 
from  the  curve,  the  pilot  has  a great  many  options  on  how  to  arrive  at  a safe 
landing  condition.  For  example,  from  point  A,  figure  U,  the  pilot  could: 


a 


jj 

a.  Maintain  altitude  while  decelerating  and  gaining  rotor  speed,  then  jj 

maintain  flight  path  to  the  ground,  using  pitch  attitude  and  collective  pitch  to  | 

control  airspeed  and  keep  rate  of  descent  within  limits.  | 

| 

b.  Dive  to  gain  airspeed  and  lose  altitude;  then  use  a steep  cyclic  flare  to  | 

decrease  airspeed,  build  rotor  speed,  and  maintain  height;  descend  in  a landing  f 

attitude  with  collective  pitch  controlling  rate  of  descent.  ; 

The  major  difference  in  the  two  cases  is  that  in  the  second,  the  potential  energy  | 

is  converted  to  kinetic  energy  and  conserved  for  a period  of  time,  whereas,  in  | 

the  first  case,  the  energy  is  dissipated  from  the  outset.  1 


Experimental  Height-Velocity  Tests 

106-  The  experimental  H-V  diagram  shown  in  figure  43,  appendix  F,  was 
developed  at  the  high-altitude  test  site  (9500-foot  elevation).  Prior  tc  the  test, 
the  pilot  technique,  aircraft  limits,  and  test  conditions  were  specified  for  the  various 
flight  regimes  shown  in  figure  U.  To  determine  the  curve  at  each  airspeed,  the 
procedure  was  to  decrease  height  in  suitable  increments  so  tnat  the  pilot  could 
assess  the  performance  margin  at  each  test  condition.  For  each  series,  the  entry 
airspeed  was  held  constant  so  the  pilot  would  not  have  to  contend  with  different 
entry  characteristics  on  successive  points.  Figure  V illustrates  a typical  sequence 
of  test  points.  The  test  at  any  given  entry  airspeed  was  terminated  when  the  pilot 
judged  that  the  performance  margin  had  decreased  to  the  point  where  exceptional 
techniques  were  required  or  there  was  not  allowance  for  a small  variance  in  pilot 
performance. 

107.  In  a practical  case,  the  number  of  points  required  to  establish  the  curve 
at  a given  airspeed  will  vary  with  characteristics  of  the  test  vehicle,  the  performance 
margin,  and  the  experience  of  the  personnel  conducting  the  test.  A well-behaved 
aircraft  allows  the  pilot  to  more  quickly  and  more  confidently  choose  the  height 
increments  to  arrive  at  the  final  point  with  fewer  test  points.  When  the  desired 
curve  is  near  the  limits  of  pilot  ability  or  aircraft  capability,  the  height  increments 
must  ho  email  more  test  points  will  be  required,  and  the  degree  of  risk  increases 
rapidly.  Exp.rienced  test  personnel  can  assess  the  nature  of  a given  maneuver  and 
quickly  estimate  the  margin  or  predict  the  performance  on  successive  points. 
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Figure  V.  Test  Point  Sequence  for  Determination  of  Height-Velocity  Diagram. 


108.  All  points  flown  to  determine  the  H-V  diagram  are  presented  on 
Figure  43,  appendix  F.  The  pilot  judgment  of  each  point  is  annotated.  As  expected, 
in  a test  of  this  nature  there  is  considerable  scatter  in  the  data  which  cannot  be 
totally  accounted  for  in  an  engineering  analysis.  Thus,  the  pilot  comment  is  the 
best  single  indicator  of  relative  merit  of  each  test  point,  and  is  used  to  locate 
the  curve.  The  H-V  diagram  for  the  AH-1G  helicopter  is  compared  to  UH-1C  data 
in  figure  43.  The  two  aircraft  have  the  same  rotor  system  and  should  have  similar 
performance  capabilities.  The  results  are  from  independent  tests  and,  in  both  cases, 
the  pilots  used  maximum  performance  capability  and  pilot  suitability  to  arrive  at 
the  recommended  H-V  diagram.  The  close  agreement  indicates  each  pilot's  ability 
to  independently  judge  all  factors  during  the  tests  and  agree  on  a realistic  H-V 
diagram  for  operational  aviators. 

109.  Power  reduction  and  landing  maneuvers  during  the  H-V  tests  are 
illustrated  in  figures  44  through  48,  appendix  F.  The  low-airspeed  case  depicted 
in  figure  45  shows  all  the  elements  required  to  land  after  a power  reduction;  ie, 
entry,  pushover,  dive,  flare,  and  landing.  Idealized  longitudinal  control  inputs  for 
each  phase  have  previously  been  shown.  These  are  assembled  as  a single  unit  in 
figure  W and  compared  to  the  pilot  actions  which  occurred  during  the  experimental 
H-V  tests. 


Figure  W.  Comparison  of  Ideal  Pilot  Inputs  with  Test  Results, 


Table  3.  Comparison  of  Performance  From  Total 
Autorotation  and  Individual  Tests. 


110.  Viewing  the  total  autorotation  as  the  sum  of  its  parts,  a comparison 
can  be  made  of  the  performance  obtained  from  tests  of  each  phase  with  that 
resulting  during  a total  nameuver.  Results  are  presented  in  table  3. 

In  most  cases,  the  performance  for  each  portion  of  the  total  autorotation  compares 
favorably  with  the  individual  tests,  and  the  height  required  for  the  total  autorotation 
is  greater  by  only  40  feet.  The  most  significant  variation  occurs  in  the  pushover 
and  dive  portions.  This  is  caused  by  the  difficultv  in  separating  the  two  portions 
during  a total  autorotation.  However,  the  sum  of  the  two  compares  favorably. 
Analysis  of  ihe  individual  parameters  shows  a performance  loss  may  be  caused 
by  the  pilot  introducing  additional  decision  points.  At  each  decision  point  the 
response  to  the  input  was  evaluated,  and  then  further  action  was  taken.  A good 
example  of  this  is  the  characteristic  "double  cyclic  flare"  shown  in  figure  W,  during 
the  time  interval  from  17  to  18  seconds.  During  this  time  interval,  the  aircraft 
state  is  being  assessed  and  decisions  are  being  made  as  to  when  and  how  much 
aft  cyclic  can  or  need  be  applied  to  obtain  the  necessary  performance. 

111.  Another  aspect  of  comparing  the  performance  from  the  two  sources  is 
the  lateral  motion.  The  individual  test  maneuvers  are  conducted  quickly,  and  there 
is  not  sufficient  time  for  lateral  motions  to  develop.  While  in  the  total  autorotation, 
the  motion  is  cumulative  and  becomes  more  significant  as  time  lapses.  The  lateral 
motions  require  bank  angles  that  increase  rate  of  descent  and  load  factors  which 
influence  rotor  speed.  The  maneuvers  produce  energy  losses  that  reduce  aircraft 
capability  and  add  to  the  pilot  wurkoad,  which  in  turn  can  further  detract  from 
the  overall  performance. 
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112.  During  the  H-V  tests,  a continual  assessment  was  made  concerning  the 
pilot  technique  to  be  used.  Aircraft  performance,  pilot  difficulty,  and  safety  margin 
were  primary  considerations.  Pilot  tolerance  levels  concerning  pilot  actions  and  cues 
had  been  obtained  during  the  tests  of  each  phase  of  the  autorotation  and  landing 
maneuver.  The  complete  technique  which  evolved  is  considerably  removed  from 
a maximum  performance  technique  in  certain  areas.  Notable  examples  are  dive 
and  flare  rates  and  attitudes.  In  the  H-V  tests,  the  pilot  chose  lower  pitch  rates 
and  the  desirable  attitudes  were  about  5 degrees  less  than  those  which  were 
acceptable  during  the  dive  and  flare  tests.  These  changes  add  to  the  height  required, 
but  decrease  the  pilot  effort  and  improve  the  safety  margin  for  a given  point  on 
the  H-V  diagram. 


1 13.  The  greatest  variation  was  found  in  the  deceleration  portion  of  the  dive. 
Maximum  performance  is  obtained  by  the  most  rapid  acceleration  to  flare  airspeed, 
followed  immediately  by  a large  rapid  cyclic  flare.  At  the  time  of  flare,  the  rate 
of  descent  will  be  on  the  order  of  4000  ft/min.  It  was  found  during  the  H-V 
tests  that  the  maximum  performance  flare  was  difficult  for  the  pilot  to  accomplish 
accurately  and  repeatably.  This  introduces  a high  risk,  and  is  undesirable  from 
an  operational  viewpoint.  In  addition,  at  the  outset  the  pilot  is  apprehensive  about 
flaring  with  the  high  rate  of  descent,  and  considerable  practice  and  training  is  needed 
before  he  can  be  at  ease  with  the  maneuver.  Also,  a flare  from  the  dive  at  a 
high  rate  of  descent  dictates  that  th<*  flare  be  started  it  a greater  height  above 
the  ground,  since  more  altitude  is  needed  to  reduce  the  rate  of  descent.  A more 
realistic  method  was  to  maintain  the  flare  airspeed  and  decrease  rate  of  descent 
to  something  near  the  steady-state  rate  of  descent  which  he  is  accustomed  to 
experiencing.  This  deceleration  requires  2 to  3 seconds  and  adds  1 00  to  200  feet 
to  the  H-V  diagram.  Using  the  deceleration  technique  builds  a safety  margin  into 
the  diagram,  since  maximum  performance  is  available  should  the  pilot  be  near  the 
ground  and  need  to  flare  immediately  after  reaching  flare  airspeed. 

114.  As  the  tests  were  being  conducted,  it  became  apparent  that  at  a particular 
time  in  the  maneuver  it  was  very  important  that  the  pilot  accomplish  a certain 
action.  Some  actions  were  known  while  others  were  found  during  the  data  analysis. 
To  accomplish  the  proper  action  at  the  proper  time,  the  pilot  must  be  observing 
the  critical  items.  This  is  best  illustrated  by  listing  the  order  of  priority  for  each 
phase  of  autorotation  for  entries  from  the  high  hover  point  to  the  knee  of  the 
diagram. 


a.  Entry: 

(1)  Attitude  control  on  the  critical  axis. 

(2)  Reduction  of  collective  pitch. 

b.  Dive: 

(1)  Pushover  to  nose-low  attitude. 

(2)  Observe  height  above  ground. 
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(3)  Monitor  airspeed  until  flare  airspeed  is  reached. 

(4)  Observe  height  above  ground. 

(5)  Control  rotor  speed  to  prevent  overspeed. 

(6)  Maintain  flare  airspeed  until  flare  is  required. 

c.  Flare: 

(1)  Pitch  up  to  accomplish  a cyclic  flare  at  recommended  height  above  ground. 

(2)  Observe  rotor  speed  and  height  above  ground  during  flare. 

(3)  Apply  collective  pitch  to  prevent  rotor  overspeed,  or  decrease  rate  of 
descent  when  near  the  ground. 

d.  Landing: 

(1)  Assume  a landing  attitude. 

(2)  Apply  collective  pitch  to  cushion  aircraft  onto  the  ground. 

The  listing  of  priorities  is  meant  to  ensure  that  the  pilot  observes  the  most  important 
items  first.  For  example,  rotor  speed  is  of  little  concern  during  the  entry.  This 
is  because  rotor  speed  depends  primarily  on  the  collective  pitch  and  secondly  on 
losses  caused  by  angle  of  attack  and  sideslip.  The  most  important  single  item  is 
pitch  attitude,  which  is  the  pilot's  way  of  controlling  thrust,  energy,  and 
power-required  relationships. 

Evaluation  of  Pilot  Technique 

115.  The  H-V  determination  used  techniques  which  produced  good 
performance  and,  in  the  pilot's  judgment,  contained  a margin  for  reasonable 
variation  in  technique  with  different  pilots,  However,  for  the  H-V  diagram  to  be 
a useful  part  of  the  operator's  manual,  the  expected  capabilities  of  all  Army  aviators 
must  be  included.  It  was  considered  that  standardization  instnictor  pilots  (SIP's) 
from  the  United  States  Army  Aviation  School  were  the  best  judges  of  the  desires 
and  capabilities  of  the  operational  pilot.  Two  SIP's  were  invited  to  participate  in 
the  flight  program.  They  provided  quantitative  data  and  qualitative  comments 
concerning  the  H-V  test  methods. 

116.  Following  a demonstration  of  the  test  technique,  the  flight  tests  were 
conducted  and  results  are  shown  in  figures  49  and  50,  appendix  F.  Table  4 
presents  some  of  the  more  significant  results  and  compares  these  with  those 
obtained  during  the  H-V  tests. 


Table  4.  Comparison  of  SIP  and  H-V  Test  Techniques. 


Condition 


Entry  true 
airspeed  (kt) 

8 

18 

11 

18 

Maximum  nose-down 
pitch  attitude  (deg) 

20 

14 

32 

22 

Maximum  true  air- 
speed in  dive  (kt) 

44 

49 

70 

49 

Minimum  rotor 
speed  (rpm) 

255 

305 

255 

270 

Maximum  nose-up 
pitch  attitude 
in  flare  (deg) 

16 

20 

25 

26 

Maximum  rotor  speed 
in  flare  (rpm) 

291 

327 

314 

323 

Collective  input 
(in.) 

9.6 

8.5 

9 

7.7 

Rotor  speed  at 
touchdown  (rpm) 

245 

253 

304 

i 

248 

All  pilots  tended  to  dive  the  aircraft  more  as  entry  airspeed  decreased.  The  most 
significant  difference  in  the  techniques  is  seen  in  the  pitch  rates  and  attitudes  during 
the  dive  and  the  flare  portions.  The  higher  values  tend  to  minimize  power  required 
and  facilitate  the  energy  exchanges  during  these  critical  times. 


117.  The  test  technique  reflects  an  imposed  2-secotid  delay  on  all  controls, 
while  the  SIP's  used  no  intentional  delay.  The  delay  on  the  collective  control  is 
the  primary  cause  for  the  much  greater  rotor  speed  loss  shown  at  the  test  18-KTAS 
entry  condition.  This  loss  in  main  rotor  kinetic  energy  is  overcome  by  the  steeper 
flare,  which  builds  considerably  more  rotor  speed  during  the  flare.  Additional  subtle 
differences  are  the  timing  of  the  control  inputs  and  the  flight  profile. 


118.  The  SIP  technique  was  primarily  concerned  with  rate  of  descent  and 
attitude.  The  flare  is  slow  and  steepens  as  the  ground  is  neared  and  airspeed 
decreases.  Collective  is  added  gradually  during  the  flare,  flight  path  changes  are 


less  abrupt,  and  in  comparison  with  the  test  technique,  more  rotor  speed  is 


dissipated  during  the  final  portions  of  the  descent  and  landings.  The  SIP  technique 


46 


leaves  the  pilot  fewer  options  during  the  final  phases  and  commits  the  aircraft 
to  a landing  at  an  earlier  time.  This  results  primarily  because,  with  the  gradual 
deceleration,  the  aircraft  passes  through  minimum  effective  flare  airspeed  with  a 
low  rate  of  energy  exchange,  whereas  with  the  test  technique,  the  energy  exchange 
is  higher  at  the  critical  airspeed  point. 

119.  The  SlP's  could  repeat  their  flight  profiles  with  a high  degree  of  accuracy, 
and  could  make  low  forward  speed  landings.  They  were  most  accustomed  to 
autorotations  from  entry  airspeeds  above  40  KTAS  and  at  first,  for  lower  airspeeds, 
were  reluctant  to  assume  extreme  nose-down  attitudes.  Their  technique  changed 
rapidly  after  the  demonstration  and  in  the  final  data  summarized  in  table  4, 
approached  the  test  technique.  They  were  particularly  concerned  w»th  pilot  ability 
to  accurately  judge  the  flare  attitude  and  height,  as  well  as  the  likelihood  of  the 
tail  rotor  contacting  the  ground.  Similar  tests  with  other  SlP’s  were  repeated  in 
subsequent  programs  with  similar  results.  Additional  information  can  be  obtained 
from  references  15,  16,  and  17,  appendix  A. 

120.  The  tests  with  the  SIP's  were  conducted  from  an  altitude  considered 
safe  by  the  test  pilot,  and  in  all  cases  there  was  a performance  margin.  The  technique 
used  by  the  SIP's  did  not  sufficiently  change  the  performance  to  the  point  of 
invalidating  the  curves  generated  by  the  test  technique. 


IMPROVED  TEST  METHODOLOGY 


General 


S 

1 
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121.  An  improved  test  methodology  should  reduce  flight  hazards  to  personnel 
and  equipment  and  reduce  flight  time  and  cost,  as  well  as  produce  larger-quantity, 
better-quality  data.  A purely  experimental  method  has  proven  to  be  unsatisfactory 
because  of  flight  safety  aspects  and  the  excessive  flight  effort  needed  to  gather 
the  data.  Entirely  theoretical  approaches  are  inadequate  and  should  a satisfactory 
one  be  developed,  there  would  still  be  the  credibility  factor.  The  ideal  method 
is  one  which  uses  the  best  features  of  both  theory  and  flight  test  results.  The 
total  methodology  consists  of  preparation,  analysis,  and  flight  test.  The  magnitude, 
timing,  and  interrelation  of  these  phases  will  be  dictated  by  the  individual  program 
circumstances.  This  section  of  the  report  summarizes  the  test  results  and  analysis 
and  develops  recommended  procedures  for  H-V  testing. 

Test  Preparation 

t 

172.  Test  preparation  includes  conventional  program  planning  and 
documentation,  analysis  of  aircraft  design  and  flight  characteristics,  and  predictions 
of  aircraft  performance  on  the  basis  of  theory  or  previous  test  results.  Program 

i planning  is  detailed  in  reference  16,  appendix  A.  The  aircraft  physical 

characteristics  are  reviewed  for  specific  items  which  may  need  special  attention 
during  ih?  test.  Types  of  control  systems  may  influence  pilot  technique  or  impose 
control  limitations.  Engine  response  may  have  a bearing  on  power  recovery 
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procedures.  Rotor  inertia  is  important  with  respect  to  rotor  decay  and  thus,  delay 
times  and  flight  limits.  Type  of  landing  gear  can  determine  landing  technique  or 
requirements  for  the  test  site. 

123.  The  nature  of  the  performance  prediction  is  dependent  upon  the 
development  status  of  the  test  vehicle.  For  an  experimental  aircraft,  a great  deal 
of  theory  and  wind  tunnel  data  will  have  to  be  used.  With  a prototype  aircraft, 
limited  qualitative  flight  experience  and  quantitative  test  data  are  usually  available. 
Fully  developed  aircraft  generally  have  the  basic  characteristics  defined  for 
conventional  flight  regimes  and  the  task  is  one  of  extrapolation  into  unusual  flight 
conditions.  The  magnitude  of  the  prediction  effort  can  vary  greatly;  however, 
emphasis  must  be  placed  on  items  which  will  most  strongly  influence  flight  safety. 
The  predictions  are  in  terms  of  parameters  that  can  be  verified  by  analysis  of 
flight  data.  It  must  also  be  remembered  that  a successful  prediction  technique  is 
one  of  continual  updating  on  the  basis  of  information  gained  in  each  test  effort. 

124.  Stability  and  control  data  are  used  to  calculate  the  expected  angular 
motion  after  a power  reduction  and  to  assess  the  recovery  capability.  The  difference 
between  control  positions  in  powered  flight  and  in  a steady-state  descent  provide 
insight  to  the  imbalance  that  will  be  generated  by  the  power  reduction.  Figures  5 1 
and  52,  appendix  F,  show  typical  trim  changes  and  longitudinal  controllability 
characteristics  of  the  UH-1C  helicopter  as  documented  in  reference  11, 
appendix  A.  A comparison  of  the  test  results  in  table  5 and  the  calculated  response 
shows  the  test  situation  to  be  generally  less  critical  than  the  calculated  values  would 
indicate. 

Tire  lower  test  values  are  most  probably  caused  by  the  slow  engine  torque  reduction 
and  the  residual  power  which,  in  effect,  gives  something  less  than  a step  change 
in  the  aircraft  force  balance. 


Table  5.  Comparison  of  Test  and  Calculated  Aircraft 
Response  to  Power  Reduction. 1 


Axis 

Angular 

Acceleration 

(deg/sec2) 

Angular  Rate 
(deg/sec) 

Attitude 

(deg) 

Calculated 

Test 

Calculated 

Test 

Calculated 

Test 

Pitch 

4.5 

2 

3.75 

0.5 

1.3 

0.25 

Roll 

9 

6 

4.5 

3 

2.5 

1 

Yaw 

16 

10 

8 

8 

3.5 

4 

'True  airspeed. 
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125.  In  the  low-speed,  low-altitude  flight  regime  aircraft  energy  exchanges  are 
very  limited  and  thus,  conservation  of  rotor  energy  is  of  primary  importance.  For 
other  areas  minimum  rotor  speeds  may  have  flying  qualities  or  structural  load 
implications.  The  expected  rotor  speed  decay  is  calculated  as  shown  in  reference  19, 
appendix  A.  A delay  time  equal  to  that  required  for  rotor  speed  to  decay  to  the 
minimum  steady-state  value  is  a reasonable  limitation  for  the  initial  tests.  The 
importance  of  rotor  speed  decay  is  evaluated  during  the  flight  tests  and  the 
limitation  is  adjusted  accordingly. 

126.  Control  positions  and  control  power  data  arc  used  to  determine  motions 
or  attitudes  from  which  a recovery  can  be  accomplished.  A desirable  percentage 
of  control  margin  is  selected  and  is  subtracted  from  the  total  control  available 
to  obtain  the  extreme  that  will  be  reached  during  the  recovery.  The  difference 
between  the  recovery  limit  and  the  power-on  control  position  can  be  used  to 
obtain  the  control  available  to  the  pilot.  Tire  delay  time  is  then  limited  so  that 
the  motions  generated  during  the  entry  are  not  larger  than  can  be  corrected  with 
the  control  available. 

127.  Engine  acceleration  information  from  calibrations  or  flight  tests  can  be 
used  in  conjunction  with  steady-state  descent  performance  to  estimate  power 
recovery  height  above  the  ground,  ic, 

Recovery  height  = Rate  of  descent  x engine  acceleration  time 

The  initial  calculation  does  not  include  height  required  to  overcome  momentum 
and  must  be  adjusted  as  information  is  gained  concerning  rotor  acceleration,  thrust 
response,  and  flight  path  changes.  Details  concerning  aircraft  and  test  site 
preparation  are  presented  in  reference  16.  appendix  A. 

Analytical  Methods 

128.  The  minimum  flight  program  is  obtained  by  predicting  performance  and 
then  conducting  confirmatory  tests.  The  inadequacies  of  theory  are  overcome  by 
basing  the  calculations  on  actual  performance  of  the  test  vehicle.  An  ideal  analytical 
method  would  be  one  that  predicts  all  aspects  of  the  power  reduction,  autorotation, 
and  landing.  This  would  include  aircraft  angular  motions  and  the  effect  of,  or 
requirement  for.  pilot  input.  Mathematical  models  were  developed  which  used  the 
flight  test  data  in  an  empirical  fashion.  These  models  are  described  in  appendix  E. 
Of  particular  interest  in  using  the  models  is  the  fact  that  the  effects  of  individual 
flight  variables  can  be  isolated.  Technique  can  be  maintained  constant  while 
changing  altitude,  gross  weight,  initial  airspeed,  etc.  The  technique  can  also  be 
systematically  varied  while  keeping  the  other  parameters  constant. 

Three-Dimensional  Model  Usage: 

1 29.  The  three-dimensional  modei  was  designed  to  make  predictions  for  H-V 
curves  in  either  of  two  ways.  A total  autorotational  maneuver  could  be  optimized 
or  it  could  be  broken  into  segments  which  are  individually  optimized.  In  either 
case,  the  analytical  techniques  would  be  similar. 
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130.  Tile  mathematical  model  is  initially  run  at  some  sample  flight  condition 
(airspeed,  rotor  speed,  climb,  acceleration,  attitude,  engine  power,  etc.).  The  engine 
power  is  then  diminished  at  a predetermined  rate  to  simulate  any  mode  of  engine 
failure.  The  aircraft  is  then  stabilized  as  rapidly  as  possible  using  the  appropriate 
controls.  The  maximum  allowable  delay  time  is  determined  by  fixing  all  controls 
and  noting  at  what  time  90  percent  of  available  control  was  needed  to  effect  a 
recovery.  This  constitutes  the  entry  segment.  Technique  for  stabilizing  attitude  is 
largely  trial  and  error,  using  the  available  flight  test  data  as  a starting  point.  The 
desired  result  is  to  stabilize  the  aircraft  with  the  least  altitude  loss. 

131.  The  next  flight  segment  (pushover  and  acceleration)  is  intended  to  attain 
flare  airspeed  with  the  smallest  height  loss.  Again,  technique  is  largely  trial  and 
error  and  is  heavily  dependent  on  initial  velocity  and  accelerations.  Establishing 
optimum  technique  is  an  arduous  task  because  of  the  many  ways  flare  airspeed 
can  be  attained.  Because  optimum  performance  is  sought,  steady-state  descent  will 
not  be  included  in  the  dive  portion.  In  fact,  the  flare  should  begin  somewhat  prior 
to  reaching  flare  airspeed  so  that  aircraft  acceleration  will  carry  it  just  to  the  flare 
airspeed. 

132.  The  cyclic  flare  is  intended  to  slow  the  aircraft's  forward  speed,  increase 
rotor  speed,  and  also  slow  vertical  descent.  Once  the  flare  has  been  accomplished, 
the  aircraft  will  be  outside  the  avoid  area  where  a safe  landing  is  assured  and 
modeling  is  not  necessary. 

133.  As  developed,  the  three-dimensional  model  is  not  of  sufficient  accuracy 
to  predict  a satisfactory  H-V  diagram.  The  reasons  for  the  inaccuracies,  as  well 
as  difficulties  encountered  while  using  the  model,  are  discussed  in  appendix  E. 
However,  it  can  be  used  to  provide  information  on  selected  items  such  as  flare 
performance.  Since  a cyclic  flare  is  basically  a two-dimensional  maneuver  with  only 
one  control  input,  it  is  especially  adaptable  to  partial  correlation.  Partial  correlation 
is  not,  however,  an  entirely  adequate  modeling  technique  as  it  relies  too  heavily 
on  flight  test  data  which  are  not  appropriate  to  the  point  being  flown.  Once  the 
correlation  equations  and  coefficients  are  established,  the  flying  of  the  model  should 
be  completely  independent  of  prior  flights.  The  data  presented  in  appendix  E show 
the  effects  of  airspeed  variance  on  flare  performance  using  partial  correlation  and 
an  identical  pilot  technique.  The  50-KTAS  test  case  agrees  well  with  the  calculated 
performance.  The  calculated  curve  shows  the  expected  results  with  airspeed  changes 
and  the  trends  arc  similar  to  the  results  presented  in  figure  21,  appendix  F.  The 
requirement  to  change  technique  with  airspeed  is  well  illustrated  by  the  rotor  speed 
loss  with  flare  at  low  airspeeds  and  the  excessive  pitching  that  would  result  at 
airspeeds  above  60  KTAS. 

Two-Dimensional  Model  Usage: 

134.  The  inability  of  the  three-dimensional  model  to  predict  usable  H-V 
diagrams  led  to  the  development  of  the  two-dimensional  model  described  in 
appendix  E.  The  parameters  required  for  the  flight  path  input  option  are  the  power 
provided  by  the  engine  at  the  rotor  hub  and  a time-dependent  flight  profile  for 
a total  aulorotationai  maneuver.  The  output  is  the  rotor  speed,  iiirusi,  and  pitch 
attitude  that  would  be  required  to  effect  such  a flight  profile. 
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135.  The  modification  of  existing  flight  profiles  can  be  most  easily  done  by 
proportionately  "shrinking"  time  and  vertical  and  horizontal  distance.  This  method 
is  not  applicable  in  the  high-speed  region,  since  the  technique  could  vary  too  greatly 
with  height  above  ground.  For  example,  the  pilot  could  climb  if  he  was  very  low, 
or  maintain  altitude  if  he  was  moderately  low  and  wanted  only  to  decrease  airspeed 
or  build  rotor  inertia.  However,  the  technique  of  "shrinking"  the  flight  path  for 
those  points  above  the  knee  of  the  H-V  diagram  is  valid  because  of  the  relatively 
constant  shape  of  the  flight  path  from  entry  in  that  area. 

136.  Test  points  obtained  while  experimentally  developing  the  H-V  diagram 
were  used  as  base-line  data  to  predict  performance  with  other  techniques.  The 
method  used  was  to  establish  a flight  path  for  autorotations  at  different  heights 
above  the  ground  and  then  allow  the  model  to  predict  pitch  attitude,  rotor  speed, 
and  main  rotor  thrust.  Results  are  shown  in  appendix  E.  From  predictions  such 
as  these  it  is  possible  to  establish  a particular  limit  and  then  obtain  the  resultant 
performance.  Another  approach  is  to  set  a required  performance  value  and  then 
consider  the  necessary  aircraft  motions  required.  It  should  be  noted  that  possible 
flight  paths  produce  consistent  realistic  sets  of  data,  whereas  impossible  flight  paths 
produce  random  data  which  are  clearly  unrealistic.  Thus,  an  optimum  can  be 
inferred  from  the  model  predictions.  An  experimental  H-V  diagram  compares 
favorably  with  several  H-V  curves  generated  by  the  two-dimensional  model  shown 
in  figure  AA,  appendix  E.  It  should  be  noted  that  as  the  entry  airspeed  increases 
from  a hover,  the  nose-down  pitch  attitude  in  dive  becomes  less  important  with 
respect  to  the  performance  that  can  be  obtained. 

137.  The  flight  test  portion  of  an  H-V  program  should  concern  itself  with 
obtaining  smooth,  efficient  flight  profiles  at  various  airspeeds  and  at  an  altitude 
that  will  allow  power  recovery.  These  flight  profiles  would  then  lend  themselves 
to  modification  for  input  to  the  two-dimensional  model. 


Flight  Tests 


138.  The  predictive  flight  tests  provide  data  concerning  the  man/machine 
relationship  and  document  the  aircraft  response  to  control  applications,  operating 
conditions,  and  atmospheric  variables  without  performing  II-V  touchdowns.  Each 
phase  of  the  autorotation  and  landing  maneuver  must  be  examined  prior  to 
accomplishing  H-V  landings  to  ensure  understanding  of  the  pilot  requirements  and 
aircraft  performance  limitations.  Care  must  be  used  to  obtain  data  at  the  extremes 
of  the  flight  envelope  or  operating  conditions  as  well  as  to  the  limits  of  expected 
pilot  performance.  The  data  may  be  qualitative  or  quantitative,  depending  upon 
the  scope  of  the  program  and  the  depth  of  analysis  needed.  The  tests  should  be 
conducted  in  a manner  which  will  produce  data  suitable  for  comparison  with  any 
predicted  results  or  to  further  analytical  efforts.  Table  6 shows  an  outline  of  the 
complete  test  matrix  which  may  be  necessary. 


139.  The  first  test  in  each  area  is  conducted  nt  the  conditions  expected  to 
be  least  critical  with  respect  to  flight  safety.  The  build-up  parameters  are  then 
increased  in  degree  of  criticality  while  observing  the  change  in  the  limiting 


parameters.  Qualitative  pilot  comments  and  analysis  are  used  to  update  the 
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many  items  initially  listed  in  table  6. 
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140.  The  autorotation  and  landing  maneuver  is  extremely  dependent  upon 
pilot  technique  and  thus,  the  pilot's  comments  are  of  particular  importance.  These 
comments  should  establish  a pilot  tolerance  in  terms  of  how  long  he  will  delay 
recovery,  what  motions  or  attitudes  are  acceptable,  what  control  motions  are 
acceptable,  and  how  these  items  correlate  with  the  aircraft  capability.  The  test 
pilot  must  make  a judgment  as  to  how  his  performance  compares  with  training 
criteria  and  what  is  expected  of  field  aviators.  A most  desirable  approach  is  to 
obtain  data  on  how  operational  pilots  conduct  an  autorotational  maneuver.  From 
these  varied  judgments  and  data,  a technique  is  established  which  will  generate 
H-V  curves  that  are  realistic  and  usable  by  the  operational  pilot. 

141.  After  the  predictive  testing  and  modeling  have  been  completed,  the 
autorotation  and  landing  performance  with  the  recommended  technique  should  be 
demonstrated  for  the  aircraft  operating  and  flight  envelope  by  accomplishing  actual 
H-V  landings  from  entry  points  along  the  predicted  curve. 


DEMONSTRATION  REQUIREMENTS 


General 

142.  Those  who  conduct  the  tests  must  demonstrate  the  aircraft  capabilities 
or  recommended  performance  to  the  procuring  or  user  agency.  The  demonstration 
should  provide  all  necessary  information  concerning  structural  integrity,  safety  of 
flight,  or  envelope  limitations  in  terms  of  adequate  control  margins  and  suitable 
pilot  techniques.  All  possible  aspects  of  operating  conditions,  mission  requirements, 
and  pilot  proficiency  should  be  considered.  The  demonstration  should  be  a 
combined  engineering  review  and  flight  presentation.  The  engineering  portion 
includes  experimental  results,  calculations,  or  theoretical  analysis.  Documentation 
should  be  available  to  support  the  technical  methods  used  in  the  engineering  effort. 
The  flight  demonstration  should  not  include  any  further  investigative  testing  and 
should  be  devoted  to  areas  which  provide  maximum  information  with  minimum 
risk. 

Demonstration  Conditions  and  Procedures 

143.  The  terms  and  definitions  of  the  demonstration  must  be  fully  documented 
and  clearly  understood  by  all  participants.  The  demonstration  must  consider  the 
expected  aircraft  operating  environment  and  mission  requirements,  including  landing 
terrain,  surface  wind,  gross  weight,  altitude,  rotor  speed,  and  eg  location.  The 
demonstration  should  be  at  the  most  critical  conditions  possible  while  maintaining 
a safety  margin  for  the  demonstration  aircraft  and  personnel.  The  touchdown  gear 
loads  and  forward  speed  must  be  specified.  Pilot  technique  should  be  reviewed 
for  items  which  are  unusual  or  contrary  to  normal  practice.  The  demonstration 
pilots  should  have  sufficient  experience  to  assess  theoretical  or  experimental 
information  in  terms  of  operational  missions  or  situations  which  were  not 
specifically  tested.  Qualitative  pilot  comments  are  necessary  to  evaluate  suitability 
in  terms  of  expected  pilot  proficiency.  The  aircraft  motions  and  pilot  inputs  should 
be  quantitatively  recorded. 


Aircraft  Limitations 


144.  Since  an  .engine  failure  can  occur  at  any  operating  condition  or  during 
any  pilot  activity,  the  aircraft  flight  envelope  and  limitations  inUst  be  clearly 
specified.  The  reason  for  each  limit  must  be  stated  and  supported  with  quantitative 
data.  Minimum  rotor  speeds  during  entry  and  the  associated  structural  loads  must 
be  considered.  Control  input  needed  to  recover  should  be  assessed  in  terms  of 
aircraft  control  moments  and  angular  motions.  Degraded  control  response  during 
low  load  factor  may  be  a consideration  during  pushovers.  Rotor  acceleration  during 
the  flare,  maximum  allowable  rotor  speed,  and  any  thrust  limits  must  be  thoroughly 
discussed.  Rotor/fuselage  clearance  may  also  be  a factor.  Stability  augmentation 
systems  and  their  input  to  aircraft  motions  during  an  engine  failure  should  be 
fully  documented.  The  pilot  technique  should  consider  any  devices  which  limit 
control  input. 

Flight  Demonstrations 

145.  Prior  to  flight  demonstrations,  all  conditions,  procedures,  and  limitations 
must  be  reviewed  to  ensure  adequate  flight  safety  margins.  The  demonstration 
points  will  be  at  the  most  critical  comers  of  the  envelope.  The  minimum 
demonstration  points  will  be  from  high  hover,  low  hover,  minimum  flare  airspeed, 
the  envelope  maximum  airspeed,  and  at  maximum  power  climb  at  best-climb 
airspeed.  The  demonstration  aircraft  should  be  at  the  specified  mission  configuration 
and  atmospheric  and  operating  conditions. 

146.  The  aircraft  response  to  engine  failure  should  be  demonstrated.  This 
includes  identification  of  critical  axis  and  primary  cues.  The  allowable  delay  time 
should  be  evaluated  in  terms  of  flight  regime  or  operating  conditions.  In  no  case 
should  it  be  necessary  to  move  the  critical  control  sooner  than  0.5  second  after 
the  power  reduction.  The  recovery  should  not  violate  a 10-pcrcent  control  margin 
on  the  critical  control.  There  should  be  no  control  requirements  which  are  not 
in  natural  response  to  aircraft  motions  nor  should  there  be  undue  pilot  concern 
with  rates  or  attitudes  during  the  recovery. 

147.  The  dive,  flare,  and  landing  techniques  should  be  demonstrated.  During 
the  pushover,  the  longitudinal  control  should  not  be  within  10  percent  of  the 
forward  limit  for  the  most  critical  eg  location.  In  addition,  for  pilot  comfort  the 
change  in  vertical  acceleration  at  the  pilot  station  should  not  exceed  0.5g.  The 
flare  should  not  place  the  longitudinal  control  within  10  percent  of  aft  limit  for 
a most  forward  eg  location,  and  a similar  forward  control  margin  should  exist 
when  the  aircraft  is  leveled  prior  to  landing.  The  maximum  collective  application 
should  leave  a 10-perccnt  margin  and  at  touchdown  the  minimum  rotor  speed 
should  not  be  less  than  the  allowable  transient  limit. 

Presentation 


148.  The  data  presentation  should  consist  of  a handling  qualities  section  and 
n section  The  h^ndiin^  cjiudities  section  should  outline  the  cues  for 

various  types  of  engine  failure  and  the  expected  aircraft  response  to  the  power 


54 


* - *«■.  ' * 


reduction.  Recovery,  dive,  flare,  and  landing  techniques  must  be  presented  in  detail 
for  ail  conditions  and  flight  regimes.  Any  technique  variations  with  operating 
conditions  or  landing  terrain  should  be  carefully  noted.  The  performance  should 
show  the  areas  from  which  a landing  can  be  accomplished  and  the  particular 
conditions  or  limitations  associated  with  the  performance  shown.  Performance  is 
presented  in  terms  of  atmospheric  conditions,  gross  weight,  and  configuration.  A 
typical  listing  of  the  various  considerations  should  accompany  the  performance 
curve  as  follows. 

a.  Operating  limitations: 


(1)  Gross  weight  - Not  more  than 


pounds. 


(2)  Density  altitude  - Not  more  than  feet. 

(3)  Landing  surface  - Vegetation  , bearing  ratio  , coefficient  of 

friction  not  more  than 


(4)  Surface  wind  - 


knots  (headwind  component). 


(5)  Rotor  speed  - Not  less  than 


rpm  at  power  reduction. 


(6)  Touchdown  rate  of  descent  (entry  from  knee  and  above)  - feet 

per  second  or  percent  gear  limit. 


(7)  Forward  airspeed  at  touchdown  - Not  to  exceed 


knots. 


(8)  Sliding  distance  (entry  from  knee  and  above)  - Not  to  exceed 
for  airspeed  for  a specified  surface. 


b.  Pilot  technique: 
(1)  Delay  time  - 


seconds  on  all  flight  controls. 


(2)  Dive  pitch  attitude  - Not  to  exceed 


degrees. 


(3)  Rate  of  control  input  - Not  to  exceed 


inches  per  second. 


(4)  Control  margin  - Not  to  violate  10  percent  remaining. 


(5)  Flare  attitude  - Not  less  than 


degrees. 


(6)  Recommended  deceleration  and  flare  airspeed  - Not  less  than 


knots. 


(7)  Probability  of  safe  landing  - percent,  based  on  0.5  second  deviation 

of  time  delay  or  airspeed  and  5 degrees  attitude  variation. 


i 


The  inner  curve  represents  the  maximum  performance  that  can  be  obtained  under 
ideal  conditions  with  optimum  pilot  technique.  This  performance  is  not  repeatable, 
and  is  calculated  or  estimated  rather  than  demonstrated.  The  90-percent  risk  area 
represents  a performance  area  that  is  repeatable  by  a test  pilot  in  a controlled 
environment  with  a certain  amount  of  margin  for  technique  variation.  This  is 
equivalent  to  the  maximum  performance  that  is  attained  during  conventional  H-V 
engineering  flight  tests.  The  50-percent  risk  area  is  a performance  area  which  can 
be  easily  and  consistently  demonstrated  under  controlled  conditions.  This  is  the 
area  where  experienced  pilots  should  perform  after  the  technique  has  been 
demonstrated.  This  may  also  be  the  highest  risk  area  that  operational  pilots  can 
realistically  be  expected  to  master  without  specialized  and  very  detailed  training. 
On  the  basis  of  present  training  and  proficiency  levels,  the  25-percent  risk  area 
may  be  the  performance  area  which  is  most  common  to  the  operational  pilot. 
Their  training  and  experience  has  primarily  been  limited  to  performing  power-off 
landings  from  steady-state  descents.  This,  in  effect,  gives  them  experience  in  the 
safest  portion  of  the  H-V  curve  and  provides  little  insight  to  the  more  critical 
conditions.  The  pilot  technique,  limitations,  or  conditions  must  be  specified  for 
each  of  the  risk  levels  presented. 
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150.  The  "probability"  presentation  in  figure  Y shows  three  areas  and  the 
expected  performance  from  engine  failure  in  each. 


Figure  Y.  Known  Risk  Performance  Presentation. 


The  size  of  the  shaded  area  can  be  chosen  to  encompass  any  desired  level  of 
performance.  Within  the  shaded  area  are  various  degrees  of  risk  where  some  pilots 
under  certain  circumstances  could  make  a safe  landing.  Extreme  care  must  be  taken 
to  ensure  that  the  area  is  not  so  small  as  to  demand  unrealistic  performance  or 
so  large  that  credibility  is  lost.  The  area  where  a safe  landing  is  probable  is  bounded 
by  the  low-speed  shaded  area  and  the  minimum-risk  takeoff  and  climb-out  profile. 
The  technique  and  probability  must  accompany  the  performance  presentation. 

151.  The  final  portion  of  the  presentation  is  a recommended  training  program. 
The  training  program  should  outline  the  flight  training  needed  to  achieve  the 
performance  demonstrated  or  that  required  for  any  recommended  performance 
level. 
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CONCLUSIONS 


GENERAL 

152.  Separating  the  H-V  maneuver  into  the  various  phases  best  allows 
evaluation  of  aircraft  behavior  and  performance  in  terms  of  pilot  cues,  technique 
requirements,  and  pilot  tolerances.  General  aircraft  responses  are  readily  apparent 
and  pilot  response  or  desires  are  well  defined.  Modeling  techniques  were  partially 
successful  and  formed  a valuable  part  of  an  improved  methodology.  Improved  data 
presentations  can  be  developed  to  more  fully  inform  the  pilot  as  to  the  performance 
available,  the  associated  risk,  and  the  necessary  pilot  actions. 


ENTRY  TO  AUTOROTATION 


1 53.  During  entry  the  pilot  recognition  of  power  loss  and  proper  control  input 
is  most  critical  at  the  extremes  of  the  envelope.  Specific  characteristics  noted  during 
the  entry  phase  include: 

a.  The  aircraft  response,  pilot  cues,  and  allowable  delay  time  will  vary 
significantly  with  the  nature  of  the  power  reduction  (para  18). 

b.  Power  reduction  by  rapidly  moving  the  throttle  to  flight  idle  may  not 
provide  the  pilot  with  the  most  severe  case  of  engine  failure  (para  20). 

c.  Engine  failure  characteristics  are  not  sufficiently  documented  to  allow 
testing  or  calculations  for  all  expected  aircraft  response  (para  20). 

d.  Qualitative  pilot  opinion  and  quantitative  reaction  of  various  pilots  is 
in  close  agreement  in  areas  where  delay  time  is  critical  (para  27). 

e.  Recognition  of  engine  failure  in  hover  is  most  rapid  and  positive  when 
lateral  accelerations  at  the  pilot  station  are  above  0.05g  (para  27). 

f.  The  maximum  allowable  pilot  delay  time  at  a particular  flight  condition 
is  determined  by  the  aircraft  response  about  a particular  axis  (paras  27 
through  31). 


g.  For  the  UH-IC,  recovery  on  the  basis  of  pilot  tolerance  leaves 
considerable  control  margin  except  at  the  critical  high  airspeed  (para  43). 

h.  The  low  rotor  speed  warning  in  the  UH-IC  is  far  too  slow  to  adequately 
warn  the  pilot  that  the  engine  has  failed  (para  43). 


| 154.  The  dive  portion  is  of  particular  importance  because  it  constitutes  the  j 

1 greatest  altitude  loss  during  an  H-V  maneuver  and  is  in  an  area  with  which  the  1 

I pilot  is  least  familiar.  Significant  conclusions  revealed  by  the  evaluation  are  as  I 

I ' follows:  i 

1 1 

| a.  The  pilot  judgment  of  pushover  requirement  is  most  difficult  in  the  f 

i critical  low-speed  flight  regime  (para  45).  f 
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b.  Maximum  pilot  tolerances  during  pushover  were  18  deg/sec  for  pitch  rate  1 

and  32  degrees  nose  down  for  pitch  attitude  (para  48).  I 

c.  Termination  of  pushover  was  based  on  approximately  Q.5g  normal  I 

acceleration  (para  48).  | 

d.  During  the  acceleration  airspeed  must  be  closely  monitored  to  prevent  J 

exceeding  the  target  flare  airspeed  (para  57).  I 


FLARE 

155.  Judgment  of  flare  height  and  the  amount  of  flare  required  in  conjunction 
with  timing  of  cyclic  and  collective  controls  generates  a situation  which  is  most 
conducive  to  pilot  error.  The  flare  tests  produce  the  following  conclusions: 

a.  Flare  attitudes  in  excess  of  30  degrees  nose  up  were  uncomfortable  and 
restricted  forward  visibility  (para  69). 


t 


b.  Cyclic  flare  effectiveness  decreases  with  lower  airspeeds  and  at  airspeeds 
below  the  minimum  effective  (35  KTAS  for  the  UH-1C)  generates  a downward 
acceleration  (para  70). 

c.  Flare  effectiveness  decreased  with  higher  density  altitude  and  the  flare 
must  be  accomplished  higher  above  the  ground  (para  79). 

d.  Increasing  gross  weight  from  7000  to  8000  pounds  requires  a higher  flare 
airspeed  or  a longer  flare  duration  (para  80). 

e.  Increasing  the  rate  of  flare  improves  the  flare  effectiveness,  with  the  gain 
being  proportional  to  the  flare  airspeed  (para  82). 

f.  Technique  for  flares  from  accelerating  and  steady-state  autorotations  was 
essentially  the  same  (para  85). 

g.  A given  flare  from  accelerating  autorotation  produces  a greater  rotor 
speed  and  thrust  gain  than  when  accomplished  from  a steady-state  autorotation 
(para  85). 
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LANDING 

156.  In  the  landing  phase,  the  pilot  has  the  fewest  options  and  the  touchdown 
rate  of  descent  is  mostly  dependent  on  judicious  application  of  collective  pitch. 
Notable  items  during  the  landing  phase  are  as  follows: 

a.  Hover  autorotation  touchdowns  in  excess  of  2 ft/sec  were  uncomfortable 
an:1  created  concern  as  to  whether  a hard  landing  had  occurred  (para  97). 

b.  Dunr.g  a hover  landing,  a more  rapid  collective  input  increased  thrust 
generated  and  m-Uv  quickly  slowed  rate  of  descent  (para  98). 


HEIGHT-VELOCITY  TESTING 

157.  Testing  each  individual  phase  separately  provides  data  which  allow  the 
total  H-V  maneuvers  to  be  accomplished  more  safely,  more  quickly,  and  in  a manner 
which  will  yield  more  informative  H-V  diagrams.  The  H-V  tests  led  to  the  following 
conclusions: 

a.  Safe  conduct  of  experimental  H-V  diagrams  is  most  dependent  on  the 
ability  ro  assess  the  criticality  of  each  condition  (para  107). 

b.  As  test  points  near  the  maximum  performance  H-V  diagram,  the  testing 
effort  and  degree  of  risk  increase  very  rapidly  (para  108). 

c.  When  accomplishing  a power  reduction,  autorotation,  and  landing  as  a 
continuous  maneuver,  the  pilot  task  is  considerably  more  difficult  than  when 
performing  each  phase  individually  (paras  110  through  114). 

d.  Summation  of  height  required  for  the  various  phases  compares  favorably 
with  results  from  a total  maneuver  (para  111). 

e.  Obtaining  maximum  performance  requires  techniques  that  are  beyond 
normal  pilot  desires  and  for  which  suecial  training  must  be  provided  (paras  113. 
114,  119,  and  120). 

f.  Sequencing  pilot  actions  for  each  phase  of  the  H-V  maneuvers  provides 
the  pilot  with  greatest  safety  and  minimum  pilot  workload  (para  115). 

TEST  METHODOLOGY 

158.  The  maximum  benefit  of  H-V  testing  with  a minimum  of  risk  and  flight 
operation  is  obtained  with  a methodology  which  stresses  analytical  techniques  prior 
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to  the  flight  tests  and  concludes  with  a comprehensive  demonstration  and 
presentation  effort.  Observations  drawn  from  test  results  include: 

a.  Using  stability  and  control  data  to  predict  aircraft  reaction  to  power 
reduction  produced  calculated  results  that  are  more  severe  than  those  obtained 
during  the  entry  tests  (para  125). 

b.  The  three-dimensional  model  is  not  of  sufficient  accuracy  to  predict  a 
satisfactory  H-V  diagram  (para  134). 

c.  Using  empirical  data,  the  two-dimensional  model  predicts  H-V  diagrams 
which  agree  well  with  flight  test  results  (para  137). 

d.  An  H-V  maneuver  can  easily  be  separated  into  the  various  phases  and 
each  examined  in  turn  to  determine  flight  characteristics,  aircraft  performance,  pilot 
techniques,  and  a predicted  H-V  diagram  with  a minimum  of  flight  hazard 
(para  139). 

e.  A demonstration  of  the  recommended  power  loss  emergency  procedure 
is  necessary  for  the  user  to  adequately  understand  the  many  variables  which 
influence  any  specified  performance  (para  143). 

f.  Recommended  H-V  diagrams  should  be  accompanied  by  a detailed  listing 
of  all  conditions  needed  to  achieve  the  specified  performance  (para  143). 

g.  Presenting  some  indication  of  performance  levels  and  pilot  requirements 
allows  the  pilot  to  realistically  assess  the  risk  associated  with  a particular  operating 
condition  (paras  150  and  151). 


RECOMMENDATIONS 


1 59 . Engine  failure  modes  should  be  defined  for  all  helicopter  models  in  the 
Army  inventory  (para  20). 

160.  All  entry  tests  should  be  conducted  in  a progressive  manner  which  will 
provide  information  concerning  the  most  critical  aircraft  response  to  power 
reduction  (para  23). 

161.  Pilot  training  should  be  oriented  to  provide  the  operator  with  the 
expertise  necessary  to  cope  with  the  most  critical  aircraft  response  (paras  24,  28, 
30  and  31). 

162.  The  maximum  pilot  delay  time  used  in  determining  the  H-V  diagram 
should  be  defined  in  terms  of  the  critical  control  parameter  (para  21). 

163.  The  maximum  pilot  delay  time  should  be  limited  to  generation  of  a0.5g 
lateral  acceleration  or  rates  and  attitudes  which  require  less  than  90  percent  of 
the  control  remaining  to  make  a recovery,  or  prevent  exceeding  the  minimum 
transient  rotor  speed  (paras  28,  30  and  31). 

1 64 . An  engine  failure  warning  device  should  sense  the  quickest  indicator  of 
engine  failure  and  the  pilot  should  be  presented  with  a visual  display  and  an  aural 
wanting  (para  22). 

165.  Minimum  flare  effective  airspeed  should  be  clearly  defined  and  the 
operator's  manual  should  reflect  that  flares  at  lower  airspeeds  will  significantly 
decrease  the  performance  available  (paras  69  and  70). 

166.  The  detrimental  effects  of  increasing  gross  weight  or  density  altitude  on 
flare  should  be  presented  in  the  operator's  manual  (paras  79  and  80). 

167.  Landing  gear  capability  to  withstand  horizontal  loads  should  be 
determined  and  used  as  a criteria  for  landing  speeds  in  various  types  of  terrain 
(para  103). 

168.  The  improved  H-V  testing  methodology  should  be  applied  to  all  future 
efforts  (para  122). 

169.  Appropriate  military  specifications  should  be  revised  to  reflect  the  results 
of  this  investigation  (paras  144,  147,  148,  and  149). 
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GENERAL 

1.  The  UH-1C/540  rotor  helicopter  is  a general  utility  helicopter  suitable  for 
a variety  of  missions,  Several  armament  kits  may  be  installed. 

2.  The  test  helicopter,  USA  S/N  63-8684,  was  a standard  UH-1B  modified  by 
incorporating  the  540  rotor  and  related  systems. 


MAIN  ROTOR  SYSTEM 

3.  The  540  "door-hinge"  rotor  system  is  a two-bladed  semirigid  system  with 
a flex-beam  hub.  The  flex-beam  hub  is  a broad,  thin  steel  plate  by  which  the 
rotor  system  is  given  high  in-plane  stiffness,  but  soft  flapping  restraint.  Rotor 
centrifugal  loads  are  transmitted  to  the  flex-beam  by  a multiwound  wire 
torsion-tension  strap.  Control  inputs  about  the  feathering  axis  are  imparted  through 
a pitch  horn  located  at  the  hub  trailing  edge.  The  feathering  axis  bearing  resembles 
a door-hinge  concept.  A conventional  stabilizer  bar  is  used.  Torque  is  transmitted 
to  the  rotor  through  a splined  trunnion  which  also  provides  the  teetering  movement. 
Both  the  trunnion  and  feathering  hinge  bearings,  ns  well  as  ."11  other  rotor  head 
bearings,  are  teflon  and  require  no  lubrication.  No  collective  counterweights  are 
used. 


FLIGHT  CONTROLS 

4.  The  primary  flight  controls  include  the  cyclic  control  stick,  collective  control 
stick,  and  directional  control  pedals.  All  flight  controls  are  mechanical  and  are 
hydraulically  boosted.  Force  trim  is  provided  for  the  cyclic  stick  to  provide  force 
gradients  in  the  boosted  systems. 

5.  Tire  elevator  is  an  inverted  airfoil  giving  a nose-up  pitching  moment  at  forward 
speed.  The  angle  of  incidence  of  the  elevator  is  variable  through  an  interconnection 
to  the  longitudinal  cyclic  stick.  The  vertical  fin  is  cambered  to  give  a nose-left 
yawing  moment  at  forward  speed.  This  yawing  moment  reduces  the  amount  of 
left  pedal  required  to  balance  rotor  torque  at  high  speed. 
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AIRCRAFT  DIMENSIONS  AND  DESIGN  INFORMATION 

Overall  Dimensions 

Aircraft  length  (rotor  turning^ 

Fuselage  length 

Maximum  fuselage  width  (horizontal  stabilizer) 

Minimum  rotor  ground  clearance 

Main  Rotor 

Rotor  diameter 

Chord 

Airfoil 

Twist 
Disc  area 
Blade  area 
Solidity  ratio 
Rotor  inertia 
Preconing  angle 

Collective  pitch  travel  (25  percent  radius) 

Longitudinal  cyclic  travel  (hub  yoke) 

Lateral  cyclic  travel  (hub  yoke) 

Aircraft  Weights  and  Moments  of  Inertia 

Detail  specification  empty  weight  (FY  64) 

Design  gross  weight 

Moment  of  inertia,  6800  lb,  eg  at  FS  131.50, 

BL  .06,  WL  61.20 
lx 

!z 

Datum  Reference  Line 


52  ft,  8.84  in. 
36  ft,  6.35  in. 
9 ft,  4.0  in. 

5 ft,  10.5  in. 


44  ft,  zero  in. 

27  in. 

Special  0009  1/3% 
symmetrical 
-10  deg 
1520  ft2 

49.5  ft2  per  blade 
0.0651 

2800  slug-ft2 

2.75  deg 
Zero  to  20  deg 
±14  deg 
±10  deg 


4842  lb 
6600  lb 


2738.47  slug-ft2 
9037.80  slug-ft2 
7348.39  slug-ft2 


i 


Fuselage  station 


Buttline 
Water  line 


7.6  in.  aft  of  tip 
of  nose  bubble 
protrusion 
Aircraft  center  line 
Base  of  skids 
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FLIGHT  LIMITS 


Center  of  Gravity 


Forward  eg 

k 


Aft  eg 


FS  125  at  8150  lb. 
Varies  linearly 
to  FS  126.7 
at  9500  lb 
FS  138  at  7000  lb. 
Varies  linearly 
to  FS  132.0 
at  9500  lb 


Airspeed 

Below  7500-lb  gross  weight 

8500-lb  gross  weight 

9500-lb  gross  weight 


140  KCAS  from  sea 
level  to  3000  ft 
Hp.  Decrease 
3 KCAS  per  1000  ft 
above  3000  ft  Hd 
130  KCAS  from  sea 
level  to  3000  ft 
HD-  Deciease  3 KCAS 
per  1000  ft  above 
3000  ft  Hd 
125  KCAS  from  sea 
level  to  3000  ft  Hd. 
Decrease  3 KCAS 
per  1000  ft  Hd 


Rotor  Speed 
Power  on 
Power  off 


294  rpm 
3^4  rpm 
294  rpm 
339  rpm 


Maneuvering  Flight  Load  Factors 

At  6600  lb  gross  weight  + 3.0 
At  9500  lb  gross  weight  + 2.08 

Main  Transmission  Power  Limit 

At  314  rpm 


-0.5 

-0.35 


1100  shp 
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APPENDIX  C.  INSTRUMENTATION 


GENERAL 

1.  The  test  aircraft  was  instrumented  to  sense  the  operating  conditions  and 
motions  during  steady-state  and  dynamic  autrorotational  maneuvers.  Linear 
acceleration  sensors  were  installed  at  the  aircraft  eg  and  at  the  pilot  station  for 
a comparison  of  angular  motion  effects  on  the  pilot  sensory  cues.  A sv'iveling 
pitot-static  airspeed  sensor  was  mounted  on  a boom  extending  96  inches  from 
the  nose  of  the  aircraft.  Angle-of-attack  and  angle-of-sideslip  vanes  were  also 
mounted  on  the  boom.  The  airborne  data  were  recorded  on  a 50-channel 
Consolidated  Fdcctronics  Corporation  oscillograph.  Selected  test  variables  were 
displayed  on  instruments  mounted  in  the  pilot  and  engineer  instrument  panels. 
Ground  station  equipment  was  used  to  measure  atmospheric  conditions  near  the 
runway  and  the  aircraft  flight  profile  was  photographically  recorded  by  a Fairchild 
Flight  Analyzer. 

AIRBORNE  INSTRUMENTATION 

2.  Data  obtained  from  instruments  mounted  in  the  engineer  instrument  panel 
were  primarily  used  to  monitor  test  progress  and  ensure  data  validity.  The 
information  on  the  pilot  panel  was  used  to  accurately  establish  the  desired 
conditions  and  provide  real  time  engineering  data.  The  following  parameters  were 
displayed. 

Engineer  Panel 

Standard  system  airspeed 
Standard  system  altitude 
Ambient  air  temperature 
Engine  torque 
Fuel-used  totalizer 
Oscillograph  correlation  counter 
Photopan  ’ counter 

Vertical  accelerometer  with  "maximum  value  recording  needle" 

Engine  speed 
Rotor  speed 

Oscillograph 

Engineer  event  marker 
Pilot  event  marker 
Camera  blip 
Voltage  monitor 
Collective  stick  position 
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Longitudinal  stick  position 
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Pitch  attitude 

£ 

1 

Pitch  rate 

1 

1 

Angle  of  attack 

* 

1 

Longitudinal  acceleration  (eg) 

■I 

| 

Lateral  acceleration  (eg) 

Normal  acceleration  (eg) 

1 

Left  gear  deflection 

1 

k 

§-. 

Right  gear  deflection 

i 

it 

t 

1* 

Kl 

/ 

Lateral  stick  position 

Pedal  position 

1 

1 

ft 

Roll  attitude 

l 

Roll  rate 

i 

%. 

r< 

Yaw  attitude 

£ 

s* 

• 

1 

Yaw  rate 

Angle  of  sideslip 

Rotor  blip 

% 

Touchdown  velocity 

Throttle  position 

1 

± 

Lift  link 

1 

1 

Pilot  lateral  acceleration 

| 

£ 

Pilot  vertical  acceleration 

1 

£ 

| 

Rotor  speed 

Yaw  angular  acceleration 

! 

•/ 

E 

l 

Roll  angular  acceleration 

Pitch  angular  acceleration 

1 

Pilot  Panel 


System  airspeed  (boom) 

System  altitude  (boom) 

Radar  altimeter 
Rotor  speed 

Collective  stick  position 
Landing  gear  load  indicator  with 
Engine  tachometer 
Exhaust  gas  temperature 

Photopanel 

Standard  system  airspeed 
Standard  system  altitude 
System  airspeed  (boom) 

System  altitude  (boom) 

Outside  air  temperature 

Torquemeter 

Rotor  speed 


maximum  value  recording  needle 


b 9 


ft 


Ji 


.5 
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I 
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Gas  generator 
Exhaust  gas  temperature 
Fuel-used  totalizer 
Stop  watch 
Engineer  event 
Pilot  event 

Oscillograph  correlation  counter 
Landing  gear  load  indicator 


GROUND  EQUIPMENT 


3.  The  pressure  and  atmospheric  temperature  conditions  were  recorded  at  a 
ground  station.  Wind  speed  and  direction  were  measured  at  5 feet  above  ground 
level.  The  flight  profile  recorded  by  a Fairchild  camera  shows  only  height  and 
distance  and  does  not  include  lateral  motion  of  the  helicopter. 
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APPENDIX  D.  TERMINOLOGY 
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The  following  list  defines  terminology  used  in  this  report. 


Symbol 

Definition 

Units 

a 

Angle  of  attack  of  aircraft 

deg  or  rad 

aT 

Calculated  angle  cf  attack 
of  rotor  tip  path  plane 

deg  or  rad 

0 

Angle  of  sideslip  of  aircraft; 
positive  right,  negative  left 

deg  or  rad 

5a 

Lateral  control  position 

inches 

5c 

Collective  control  position 

inches 

5e 

Longitudinal  control  position 

inches 

6r 

Directional  control  position 

inches 

0 

Pitch  attitude:  positive  nose 
up,  negative  nose  down 

deg  or  rad 

Ot 

Blade  twist 

deg  or  rad 

\ 

Inflow  ratio 

- 

P 

Advance  (or  tip  speed  ratio) 

- 

*>i 

Induced  velocity 

ft/sec 

P 

Air  density 

slug-ft^ 

0 

Rotor  solidity 

- 

<t> 

Roll  attitude:  positive  right, 
negative  left  from  level 

deg  or  rad 

i> 

Yaw  attitude:  positive  right, 
negative  left  from  original  heading 

deg  or  rad 

si 

Main  rotor  speed 

radian/sec 

ft 


I 


Equation 


(V  sina,-  - vfilSIR 
(V  cosar)/S!R 

bc/ffR 
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2 

B 


K 


5 


L ! 
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Abbr  ‘viation 

Definition 

Units 

Equation 

A 

Acceleration 

ft/sec2 

Adisc 

Area  of  disc  or  effective 
disc  area 

ft  2 

7tR2  or  7tR2b2 

AS 

Airspeed 

KTAS 

a 

Slope  of  rotor  blade  lift  curve 

- 

B 

Tip  loss  factor 

- 

b 

Number  of  blades 

- 

c 

Blade  chord 

feet 

CD 

Drag  coefficient 

- 

Fd/(1  /2pAdiscV2) 

Cp 

Power  coefficient 

- 

(Pi  + PoKpAdiscVfip^) 

CT 

Thrust  coefficient 

- 

FMR/ (AdiscPV  tip^) 

D 

Distance  traveled 

feet 

F 

Force 

pounds 

g 

Acceleration  of  gravity 

32.2  ft/sec2 

I 

Moments  of  inertia  of  rotor 

slug-ft2 

Ixx>  lyy> 

Izz 

Moments  of  inertia  of  aircraft 
less  rotor 

slug-ft2 

KE 

Kinetic  energy 

ft-lfc 

KEmr  = 0.51fi2 

and 

m 

Mass  of  aircraft 

slugs 

KEac  = 0.5MV 

Nr 

Main  rotor  speed 

rpm  (refer 
to  SI) 

Pi 

Induced  power:  power  required 
to  produce  thrust 

HP  or 
ft-lb/sec 

PMR^i 
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Abbreviation 


Definition 


Equation 


Profile  power:  power  required  HP  or 

to  drag  rotor  blades  through  ft-lb/sec 

the  air 

Parasite  power:  power  required  HP  or 

to  overcome  aircraft  drag  ft-lb/sec 

Engine  power  available  at  main  HP  or 

rotor  hub  after  transmission  ft-lb/sec 

and  accessory  losses 

Potential  energy  ft-lb 

Torque  ft-lb 

Blade  radius  feet 


TILT-X 


Fuselage  wetted  area 
Thrust 

Longitudinal  tilt  of  the 
thrust  vector  in  the  shaft 
axis:  positive  aft,  negative 
forward 


pounds 


radians 


TILT-Y  Lateral  tilt  of  the  thrust 

vector  in  the  shaft  axis: 
positive  right,  negative  left 

V Velocity 

Vtip  Blade  tip  speed 

W Aircraft  gross  weight 

Subscript  Definition 


radians 


pounds 


p,  s,  or  g Principal,  shaft,  or  ground  reference  system 

x,  y,  or  z Longitudinal,  lateral,  or  vertical 


rVfV -'«£V«»V*4< r*« .'  V'vtyVfr  - \-WvJa-S 


Subscript 

MR 

N 

TR 


Dennition 
Main  rotor 
Normal 
Tail  rotor 


BASICS  OF  AUTOROTATION AL  FLIGHT  MANEUVERS 
General 

1.  Autorotational  flight  maneuvers,  including  each  phase,  can  be  described  in 
terms  of  energy  and  power.  The  following  explanation  represents  a helpful  summary 
to  aid  in  understanding  of  autorotational  flight. 

Powered  Flight 

2.  In  powered  flight,  shaft  horsepower  is  supplied  to  the  main  and  tail  rotors 
to  compensate  for  rotor  power  required  (induced  power  (Pi)  and  profile  power 
(Po)),  fuselage  parasite  drag  power  (Pp),  and  changes  in  the  energy  state  of  the 
aircraft.  Increasing  the  shaft  horsepower  above  that  required  for  steady  level  flight 
will  cause  the  aircraft  to  climb  (increase  potential  energy  (PEj)  or  increase  airspeed 
(kinetic  energy  (KE)).  In  equation  form,  the  power  relationship  becomes: 


P 


Sft 


P + P 
R P + 


dET 

dt 


Where: 


P§ft  = Engine  power  available  at  rotor 
Pr  = Rotor  power  required  = Pj  + P0 
dEj 

~t — = Time  rate  of  change  of  total  aircraft  energy 


(1) 


Total  energy  is  made  up  of  potential  energy,  aircraft  kinetic  energy,  and  rotor 
rotational  energy  (KE^r): 


Sft  = 


Pc,„  = P + P.  + P + 
Sit  o 1 p 


<iKEMR  dPE 
dt  dt 


A more  detailed  development  of  equation  2 can  be  found  in  reference  24, 
appendix  A,  and  in  the  data  processing  section  of  this  appendix.  The  basic 
assumptions  in  the  above  relationship  are  that  (I)  tail  rotor  power  required  (Pj 
and  P0)  and  tail  rotor  moment  of  inertia  are  negligible  compared  to  the  main 
rotor  variables  and  (2)  fuselage  rotational  energy  and  rates  of  change  of  energy 
are  also  negligible  (test  data  indicated  that  power  from  fuselage  rotational  energy 
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was  less  than  10  slip  at  all  times).  For  the  purposes  of  this  discussion,  including 
these  variables  does  not  contribu*"  to  understanding  autorotational  flight. 

3.  In  conceptual  form,  the  power  relationship  becomes  a system  which  absorbs 
power  (Psft).  loses  power  to  the  environment  (PLOST).  and  has  a measurable  energy 
state  as  shown  in  figure  A. 


Figure  A.  Power  and  Energy  Relationships. 


4.  When  the  power  absorbed  equals  power  lost,  the  sum  total  of  the  energy 
states  remains  constant.  The  power  lost  to  the  environment  is  due  to  the  inefficiency 
of  the  system  in  producing  thrust  (Pi),  dragging  the  blades  through  the  air  (P0), 
and  dragging  the  aircraft  through  the  air  (Pp).  Power  lost  is  not  retrievable,  which 
becomes  very  important  and  will  be  discussed  later. 

Autorotational  Flight 


5.  In  autorotational  flight  Psft  becomes  zero  when  engine  slip  is  lost.  The  power 
balance  relationship  then  requires  »hc  aircraft  total  energy  to  decrease  at  a rate 
equivalent  to  the  power  lost  to  the  environment: 

dt  “ "PL0ST 

Recognizing  that  Et  is  the  sum  of  the  aircraft's  kinetic,  rotational,  and  potential 
energies,  equation  3 can  be  used  to  explain  four  phases  of  autorotational  flight 
performance. 

Entry: 

6.  During  entry,  Psft  decreases  at  a rate  dependent  on  the  type  of  engine  failure. 
Thrust  and  attitude  do  not  change  appreciably  during  the  short  entry  interval  and 
there  is  not  a significant  force  imbalance  to  cause  the  aircraft  to  accelerate  (or 
decelerate).  Therefore,  kinetic  and  potential  energies  remain  relatively  constant, 
me  rotor  kinetic  energy,  KEmk,  decreases  and  tends  to  compensate  for  the 
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difference  between  Psft  and  power  tost.  When  thrust  changes  significantly,  due 
either  to  rotor  speed  decay  or  aircraft  attitude  change,  the  force  imbalance  will 
cause  acceleration.  These  accelerations  produce  changes  in  the  aircraft  kinetic  and 
potential  energy  levels.  These  changes,  in  most  cases,  are  negative  and  thus  reduce 
the  need  for  rotor  speed  decay  to  be  the  sole  compensator  for  the  power  deficiency. 

Instead  of 


^5s-_P 

dt  LOST 


KE  and  PE  decrease  also,  and  the  rotor  speed  decay  decreases. 


d«\m 

dt 


+ 


rfKE 


AC 


dt 


+ 


P 

LOST 


Dive: 


I 


I 

t 

4 

t 

h 
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. The  dive  phase  of  the  autorotation  maneuver  follows  the  same  analogy  as 
the  entry  phase.  In  this  case,  however,  the  collective  pitch  is  decreased,  which 
causes  a thrust  loss.  This  creates  a force  imbalance  which  accelerates  the  aircraft. 
At  the  same  time  (for  most  dive  maneuvers),  a forward  longitudinal  cyclic  input 
rotates  the  thrust  vector  forward,  and  the  aircraft  pitches  downward.  The  nose-down 
pitch  and  forward  flapping  (cyclic  input)  combine  to  increase  the  horizontal  thrust 
component  and  decrease  the  vertical  thrust  component.  This  results  in  an  increase 
in  both  forward  (Ax)  and  downward  (A7,)  accelerations.  The  amount  of  cyclic 
input  and  the  amount  of  pitch-down  attitude  allowed  in  the  dive  dictate  the 
accelerations.  As  the  aircraft  begins  to  accelerate,  the  kinetic  and  potential  energy 
levels  change  and  these  power  sources  become  significant.  As  the  aircraft  speed 
increases,  kinetic  energy  absorbs  power  similar  to  the  powered  flight  case.  However, 
the  negative  rate  of  change  of  potential  energy  is  generally  greater  than  the  positive 
rate  of  change  of  kinetic  energy  (especially  for  the  high-altitude,  low-airspeed 
entries)  so  that  the  net  result  is  negative,  and  the  amount  of  power  needed  from 
the  rotor  is  reduced.  Also,  as  the  aircraft  is  pitched  nose  down,  the  angle  of  attack 
on  the  rotor  changes  and  the  Pj  + Po  arc  reduced,  which  reduces  the  PlOST  term. 
The  combination  of  pov/er  from  potential  energy  and  reduction  of  PLOST  allows 
the  rotor  speed  to  stabilize  or,  depending  on  flight  conditions,  to  increase. 

8.  Therefore,  in  the  dive  phase,  potential  energy  is  exchanged  to  provide  for 
the  rotor  power  required.  As  the  rate  of  descent  increases,  the  rotor  speed  decay 
rate  goes  to  zero  and  rotor  speed  becomes  stabilized.  At  this  pc'o.L  if  the  aircraft 
has  not  reached  the  desired  flare  airspeed,  a higher  rate  of  decant  is  required 
to  further  increase  kinetic  energy.  When  the  steady-state  dive  is  attained,  power 
required  by  the  main  rotor  plus  the  fuselage  parasite  drag  power  will  equal  the 
power  gain  from  potential  energy  change. 
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Flare: 

9.  In  the  flare  phase  of  autorotation,  a more  complex  exchange  of  energy  occurs. 
As  before,  there  is  a decrease  in  the  total  energy  level  of  the  system  due  to  the 
PLOST  term.  From  the  dive  attitude,  aft  cyclic  is  applied,  and  the  aircraft  is  pitched 
nose-up.  The  increased  angle  of  attack  increases  rotor  inflow  and  rotor  speed  begins 
tc  build  (assuming  an  effective  flare  airspeed  has  been  reached  and  no  collective 
pitch  is  applied).  As  rotor  speed  and  the  inflow  increase,  main  rotor  thrust  increases 
(increasing  Pi  + Po).  providing  a vertical  force  imbalance  which  decreases  the 
forward  speed.  This  loss  of  forward  and  vertical  velocities  lowers  the  kinetic  energy 
of  the  aircraft,  producing  negative  ^^^AC  which  supplies  the  power  to  increase 

d t 

rpm  and  to  overcome  the  increasing  Pj  + P0  terms.  Depending  on  the  rate  of 
cyclic  application  and  airspeed,  the  exchange  of  kinetic  energy  into  rotor  rotational 
energy  can  be  such  that  an  overspeed  condition  could  exist  In  a flare,  the  principle 
source  of  power  comes  from  the  decreasing  kinetic  energy.  The  more  the  aircraft 
is  pitched,  causing  thrust  to  be  greater,  the  greater  will  be  the  rate  of  change 
in  the  aircraft  kinetic  energy,  especially  for  high-speed  flares.  The  excess  loss  of 
kinetic  energy  must  then  cause  an  increase  in  rotor  energy  (rotor  overspeed)  or 
potential  energy  (climb).  When  the  flare  conditions  are  such  that  loss  of  aircraft 
kinetic  energy  causes  an  excess  of  rotational  energy,  it  becomes  necessary  to  increase 
collective  pitch,  which  increases  Pj  + P0  and  absorbs  the  excess  PkE-  However, 
the  increased  collective  pitch  also  increases  thrust,  which  could  decrease  rate  of 
descent  toe  fast  or  even  cause  a climb  condition.  This  may  not  be  desiiable, 
especially  if  the  entry  was  from  the  high-altitude  low-speed  portion  of  the  H-V 
curve.  Also  increasing  collective  pitch  at  this  time  limits  the  amount  of  collective 
that  will  be  available  during  the  landing,  if  the  flare  is  initiated  before  the  proper 
flare  airspeed  is  reached,  then  the  inflow  will  not  be  enough  to  build  the  thrust 
to  a level  where  the  deceleration  creates  the  power  necessary  to  overcome  the 
rotor  power  required  and  build  rotor  speed. 

Landing; 

10.  The  landing  phase  is  much  simpler.  It  consists  of  an  exchange  of  rotor 
rotational  energy  to  dissipate  any  rate  of  descent  left  after  the  flare,  and  to 
overcome  power  required.  Once  the  forward  speed  has  been  decreased  to  the  desired 
landing  airspeed  and  rotor  speed  has  been  increased,  the  aircraft  is  leveled  and 
collective  applied.  This  action  causes  thrust  to  increase  significantly  in  the  vertical 
direction,  decreasing  the  rate  of  descent  to  within  the  landing  gear  limits.  Since 
thrust  is  directed  almost  completely  in  the  vertical  direction,  there  will  not  be 
any  further  deceleration  of  forward  horizontal  speed  (other  than  that  caused  by 
drag).  Therefore,  the  flare  must  have  dissipated  any  forward  horizontal  velocity 
to  within  the  gear  limits.  Once  the  landing  phase  is  initiated,  it  will  not  be  possible 
to  further  decrease  forward  airspeed.  As  collective  is  applied,  the  only  source  of 
energy  available  to  compensate  for  the  increased  Pj  + Po  is  the  rotor  rotational 
energy,  as  KEaC  and  PE  are  negligible.  This  causes  rotor  speed  to  decrease.  What 
is  critical  here  is  that  there  are  no  other  energy  sources  available  to  supply  power 
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once  the  landing  phase  is  initiated.  When  rotor  speed  has  decreased  below  some 
minimum  control  becomes  difficult  and  the  thrust  generated  drops  considerably 
below  gross  weight.  Also  critical  is  the  collective  control  margin  left  after  the  flare 
phase.  If  there  is  not  enough  collective  left,  rate  of  descent  cannot  be  properly 
dissipated.  Therefore,  if  the  aircraft  is  not  ready  for  landing  and  touchdown  after 
the  flare  phase,  a crash  can  be  expected. 

Summary 

1 1 . Several  generalizations  are  possible  through  this  simple  analogy  of 
autorotational  flight.  First,  is  the  importance  of  the  total  energy  and  power-lost 
variables.  It  takes  a certain  amount  of  time  to  lose  altitude  and  effect  a landing. 
During  that  time  period,  the  Pj,  P0  and  Pp  variables  are  dissipating  energy  to  the 
environment.  If  the  autorotation  is  flown  with  a less  than  optimum  technique, 
the  energy  level  at  flare  initiation  will  be  less  than  would  have  been  possible.  The 
greater  the  total  energy  of  the  aircraft  at  flare  initiation,  the  greater  will  be  the 
error  margin  for  the  flare  and  landing  phases. 


12.  The  total  energy  lost  term,  or  more  specifically,  the  time  integral  of  power 
lost  in  relation  to  the  total  energy  available  at  the  start  of  the  maneuver  is  what 
enables  the  helicopter  to  land  safely  (with  little  remaining  energy)  after  an 
autorotational  descent.  Integrating  equation  3 over  the  entry  time  of  the 
autorotation,  the  total  energy  remaining  at  touchdown  (Ettd)  is  defined  as: 


Where: 


(4) 


a 


Eto  is  the  total  energy  of  the  system  at  the  start  of  the  maneuver. 


1 


Equation  4 can  be  further  broken  down  into  autorotational  phases: 


entry  dive 

KTq  ~fV LOST  Ut  ~JT LOST 
t - 0 entry 


flare 

fV  LOST  </L 
dive 


TD 

~fV  LOST 


flare 


dt 


(5) 


Optimal  technique  includes  the  minimizing  of  the  integral  through  the  dive  phase. 
This  assures  adequate  time  and  power  to  allow  a significant  error  margin  during 
the  flare.  Because  a low  energy  touchdown  is  desirable  and  because  the  landing 
phase  has  a relatively  narrow  window  of  acceptable  technique,  the  bulk  of  the 
excess  power  must  be  dissipated  during  the  flare.  Therefore,  from  a purely  energy 
viewpoint,  a«  inefficient  flare  is  desirable  (after  assuring  adequate  rotor  speed). 
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13.  As  the  entry  condition  approaclies  the  H-V  curve  Ejq  generally  decreases. 
To  effect  a safe  landing  (minimal  Ex-pi))  the  pilot  must  dissipate  as  little  of  the 
total  energy  as  possible  to  Pj  and  Po  during  the  autorotation  phases  of  entry  and 
dive  so  that  he  has  some  margin  during  flare  and  landing. 

14.  It  should  be  noted  that  the  exchange  of  energy  during  each  phase  is  not 
equally  efficient  for  all  entry  conditions.  For  instance,  at  high  hover,  Ejq  consists 
entirely  of  potential  and  rotor  kinetic  energies.  During  the  entry  and  dive,  not 
much  can  be  done  except  to  pitch  the  aircraft  over,  minimize  Pj  + P0,  and  "fall" 
to  increase  rate  of  descent.  The  power  available  from  KEaC  is  minimal  as  initial 
airspeed  is  so  low.  Contrast  that  with  the  high-speed,  low-altitude  portion  of  the 
curve.  There  the  objective  is  to  decrease  the  high  KEaC  and  depending  on 
technique,  not  increase  PE.  However,  rapidly  pitching  the  aircraft  nose-up  and 
increasing  the  inflow  to  the  rotor  will  create  a potential  rotor  overspeed  situation. 
Collective  application  will  increase  Pj  + Po,  thus  dissipating  the  excess  PrEaC’ 
but  there  are  limits  to  how  much  collective  can  be  applied.  Additionally,  thrust 
will  increase  rapidly  and  a climb  condition  may  result.  Therefore,  the  pilot  wants 
to  have  a higher  PLOST-  1°  any  event,  he  must  be  certain  to  have  adequate  collective 
control  remaining  to  effcci  a landing. 


REFERENCE  AXES 
General 

15.  Precise  definition  of  all  reference  axes  used  is  essential  to  data  processing 
and  to  the  proper  interpretation  of  data.  It  is  rare  that  instmmentation  systems 
can  be  installed  on  an  aircraft  such  that  no  correction  is  required  to  make  the 
data  produced  meaningful  in  relation  to  the  aircraft.  Knowledge  of  the  exact 
location  and  orientation  of  the  instruments  allows  transformation  of  all  data  to 
a common  reference  system.  Similarly,  during  analysis  it  is  often  more  useful  to 
consider  a given  set  of  data  in  a particular  reference  system. 

16.  The  reference  systems  used  in  this  program  include  the  principal,  gravity, 
inertial,  and  shaft  axis  systems,  as  well  as  several  instrument  reference  systems. 
Figure  B illustrates  the  various  reference  systems. 

Principal  Axis  System 

17.  The  principal  (or  body)  axis  system  is  located  at  the  aircraft  eg.  It  is  a 
right-hand  orthogonal  system  with  the  X axis  positive  forward,  Y axis  positive 
to  the  right,  and  the  Z axis  positive  downward.  The  X-Y  plane  is  parallel  to  the 
water  lines  of  the  aircraft. 

«o 


of  aircraft  motion,  the  axes  remain  parallel  to  those  of  the  inertial  system. 
Shaft  Axis  System 

20.  The  shaft  axis  system's  origin  is  located  at  the  aircraft  eg.  The  three  axes 
are  mutually  perpendicular,  with  the  Z axis  positive  downward  and  oriented  parallel 
to  the  rotor  shaft.  The  X axis  is  positive  forward  and  the  Y axis  positive  right. 

Instrument  Reference  Systems 

21.  Because  each  instrument  is  located  and  oriented  in  a different  manner,  each 
instrument  axis  system  must  be  corrected  to  one  of  the  standard  systems. 

Transformations 

22.  The  orientation  of  one  orthogonal  reference  system  with  respect  to  another 
can  be  defined  by  the  use  of  three  Euler  angles.  In  this  program,  the  instrumentation 
dictated  that  the  Euler  angles  reference  yaw,  pitch,  and  roll,  in  that  order.  Yaw 
is  measured  positive  right  about  the  Z axis,  pitch  is  measured  positive  up  about 
the  yaw  rotated  Y axis,  and  roll  is  positive  right  about  the  yaw  and  pitch  rotated 
X axis  (fig.  C). 

23.  Ali  transformations  from  one  right-hand  orthogonal  system  to  another  are 
similar  in  format.  Following  is  an  example  of  a transformation  from  the  gravity 
axis  system  to  the  principal  axis  system. 
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Third  rotation:  roll  about  Xp  axis 
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Combining  equations  6,  7,  and  8: 
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DATA  PROCESSING  AND  ANALYSIS 
General 

24.  The  data  processing  and  anlysis  consisted  mainly  of  a validation  phase  and 
a calculation  phase.  A flow  chart  of  the  total  data  processing  is  shown  in  figure  G. 


Figure  G.  Data  Processing  Flow  Chart. 


A 

25.  The  data  from  all  sources  were  read  manually  and  punched  onto  computer  | 

cards.  Programs  were  developed  to  cross-check  the  data  from  different  sources  and  j 

reduce  it  to  engineering  units.  The  reduced  data  were  then  used  to  calculate  force,  | 

energy,  and  power  terms,  as  well  as  several  aerodynamic  nondimensional  terms.  | 


Data  Validation  and  Initial  Calculations 

26.  The  data  reading  accuracy  was  found  to  be  very  critical  because  of  the 
considerable  manipulation  of  data  in  subsequent  programs.  A study  was  conducted 
to  determine  the  maximum  attainable  reading  accuracy  versus  the  minimum 
accuracy  the  data  analysis  could  tolerate  (refs  20  and  21,  app  A).  After  the  data 
were  read  and  punched  onto  cards,  the  information  was  put  on  magnetic  tape 
with  the  raw  data  history  tape  program  (RAWHIT). 

27.  Angle  of  attack  and  sideslip  were  input  to  the  alpha-beta  program  which  aligns 
all  the  data  and  provides  the  proper  format  for  the  computerized  reduction  of 
data  (COREDATA)  program.  It  also  adds  the  effect  of  any  wind  that  may  be 
present. 

28.  The  validation  process  in  COREDATA  allows  for  the  correction  of  instrument 
biases,  identification  of  instrument  malfunction  or  reading  errors,  and  determination 
of  data  smoothing  suitability.  Tolerance  limits  are  established  which  reject  data 
which  are  unsuitable  for  further  processing. 

29.  The  basis  for  the  validation  procedure  is  that  for  a given  parameter,  similar 
values  should  be  obtained  from  different  recording  sources.  Comparisons  are  made 
between  the  attitude  versus  angular  rate  data,  wind-corrected  true  airspeed  versus 
accelerometer  data,  and  angles  of  attack  and  sideslip  versus  accelerometer  and 
angular  rate  data.  When  significant  differences  in  the  data  are  encountered,  the 
data  are  corrected,  identified  as  unsuitable  for  further  processing,  or  identified  as 
a source  of  possible  inaccuracies  in  the  statistical  analysis.  A COREDATA  process 
flow  chart  is  shown  in  figure  H. 

30.  The  time  evaluation  allows  corrections  to  be  made  for  any  time  or  sequencing 
errors  in  the  recording  systems.  Accurate  time  is  required  since  the  data  are 
differentiated  and  integrated  with  respect  to  time  in  later  sections.  The  curve  fit 
section  also  synchronizes  the  data  from  the  different  recording  sources  and  allows 
for  different  reading  densities  from  the  recording  systems.  The  derivative  section 
provides  angular  rate  and  acceleration  data  from  the  rate  gyro  data.  It  also  provides 
rate  of  change  of  attitude  data.  The  final  step  in  the  data  preparation  is  to  process 
the  data  through  the  Euler  check  section.  The  rates  of  change  of  attitude  are 
transformed  through  Euler  angles  to  obtain  components  along  the  body  axes  cf 
the  aircraft.  These  body  axes  components  are  then  compared  individually  with 
the  rate  gyro  readings.  The  comparison  reveals  time  lags  between  the  attitude  and 
rate  gyros,  existence  of  any  misalignment,  and  data  reading  errors. 

31.  The  Bias  I section  calculates  body  axis  airspeed  components  from  airspeed 
data  and  linear  acceleration  components  at  the  eg  from  accelerometer  data.  The 
accelerations  are  calculated  assuming  that  no  prellight  bias  exists  in  the  data.  The 
information  is  then  used  in  the  Bias  II  section  where  the  unbiased  accelerations 
are  integrated  by  Simpson's  Rule  and  compared  with  the  components  of  airspeed. 
From  this  comparison,  the  preflight  bias  (average  difference  between  airspeed  and 
velocity  components)  is  determined  and  then  used  in  the  acceleration  section  to 
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Figure  H.  COREDATA  Flow  Chart. 
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more  accurately  calculate  the  linear  acceleration  of  the  aircraft  eg.  The  acceleration 
section  also  provides  a direct  check  on  the  angles  of  attack  and  sideslip  by 
comparing  the  recorded  values  with  those  calculated  from  the  angular  rates  and 
integrated  acceleration  data. 

32.  The  output  of  the  acceleration  section  is  then  input  to  the  integration  section, 
which  uses  a spline  function  technique  to  integrate  the  acceleration  data.  A wind 
correction  analysis  corrects  the  airspeed  reading  to  true  ground  and  aircraft 
velocities  at  time  zero.  Using  these  velocity  components  as  initial  velocities  and 
initial  zero,  distances,  the  integration  section  calculates  the  components  of  velocity 
in  the  aircraft  body  axes  and  ground  axes  and  the  ground  distances  traveled. 

33.  The  tape  output  of  COREDATA  and  engine,  data  is  placed  in  the  refined 
data  history  tape  program  (REDHIT),  which  provides  an  output  for  additional 
calculations. 

Force,  Energy,  and  Power  Calculations 

34.  Once  the  data  have  been  processed  through  REDHIT,  it  is  ready  for  input 
into  the  force,  energy,  and  power  program  (FEAP).  FEAP  calculates  forces,  energies, 
and  powers  using  three-dimensional  force  analysis,  momentum  theory,  and 
energy-power  relationships. 

Force  Calculations 

35.  Force  equations  were  derived  using  standard  £F  = raA  and  EM  = III 
equations.  Figure  I shows  force  and  moment  balance  diagrams. 

36.  Resultant  drag  force  (Fd)  is  coincident  with  relative  wind.  Because  angle  of 
attack  (a)  is  measured  only  within  the  X-Z  plane  of  the  aircraft,  a new  term  must 
be  introduced  where: 

♦ = tan  * (cosB  tana) 

37.  Force  balance  equations: 
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38.  Moment  balance  equations: 
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39.  In  matrix  form,  equations  10  through  15  yield: 
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40.  Substituting 
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into  equation  16  yields 
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P, r = Power  available  at  the  rotor  hub 
S.U 

(P  + P + P ) = Power  required  for  equilibrium  flight, 
i o p 


^3 


Solving  for  the  six  unknown  forces, 
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41.  The  equation  for  Fd  is  unavoidably  sensitive  to  small  errors  in  sideslip  (0). 
Therefore,  the  following  general  aerodynamic  drag  relation  was  used: 
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42.  Potential,  kinetic,  and  rotor  energies  are  calculated  in  FEAP.  The  equations 
used  are  as  follows: 

PE  = mgh  (25) 

KEac  = 1/2  (mV2)  (26) 

kemr  = 1/2  (Ifl2)  (27) 

ET  = PE  + keac  + kemr  (28) 

Potential  energy  was  calculated  such  that  PE  = 0 at  the  end  of  the  point.  Aircraft 
body  rotational  energy  was  neglected  due  to  its  relatively  small  magnitude. 

Power  Calculations 

43.  The  basic  equation  used  to  calculate  power  reflects  the  relationship  between 
rate  of  change  of  energy  and  power  required. 

dKE.  , dKE 

PS£t  - (pi  + p0  + V ' ~ + ar  + -3T-  + PBODY  (29) 


Where: 


?Sft  = P°wer  available  at  the  rotor  hub 

(Pj  + PQ  + Pp)’  = Power  required  for  equilibrium  flight 


^fiAC  . dVE  . 
dt  dt  dt 


, uil  , mix  . n _ 

+ __  + — — — + Pbody  = excess  p°wer 


(power  deficiency  if 
negative) 


44.  Engine  power  (Peng)  is  calculated  using  the  measured  values  of  torque  and 
N2  speed.  Transmission  and  accessory  losses  are  assumed  to  be  a constant  20  shp. 
Tail  rotor  power  is  calculated  as  a function  of  Ftr,  Xtr,  PTR>  and  crpR  (ref  22, 
app  A). 
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slope  of  kinetic  energy  curve 


= slope  of  potential  energy  curve 


“““hr 


= slope  of  rotor  energy  curve 


Ponnv  = I <j>4>  + I 60  + 1 M (36) 

BODY  xx  yy  zz 

45.  The  only  remaining  unknown  in  equation  20  is  P0,  which  can  be  determined 
by  subtraction. 

Other  Calculations 

46.  Longitudinal  and  lateral  angular  displacement  of  main  rotor  thrust  (TILT-X 
and  TILT-Y)  are  calculated  by  comparing  FmRxs>  FMRys>  and  FMRzs-  TILT-X 
is  positive  when  the  thrust  vector  is  tilted  backward,  and  TILT-Y  is  positive  when 
thrust  vector  is  tilted  to  the  right. 

TILT-X  = tan"1  (F^R  /?MR  ) (37) 

xs  zn 

TIIT-V  - tan’’  (-F^  /Fmr  ) (38) 

ys  zs 

47.  Induced  velocity  (j>j)  is  calculated  using  the  equation  from  reference  19, 
appendix  A. 

V1  = FMR/2pV'Adisc  (39) 


where  V'  is  the  resultant  velocity  at  the  rotor  (vector  sum  of  induced  velocity 
and  translational  velocity). 

r 2 2i 1/2 

V'  = (Vsina  - v.)  + (Vcosa  ) (40) 


^gsrwm  ag  tis 


Equation  40  can  be  reduced  to  the  form: 

(f)2  -3  -2(r)“l"“r  + i 


Making  the  substitution  Pf  = -y : 

= v£2  “ 2 sinar  + 1 (42) 

A term  T is  created  where: 

* = FMR/2pV  Adisc  (43) 

Dividing  by  equation  39,  and  squaring  both  sides: 

?2  = (r)  V1  (44) 

Substituting  equation  42  into  equation  44, 

T2  * v±4  - 2v^2  sina^  + o^2  (45) 

Equation  45  is  solved  for  i»j  using  the  Newton-Raphson  method,  and  multiplying 
by  V to  obtain  V[. 

48.  Inflow  ratio  (X)  and  advance  ratio  (/i)  are  calculated  using  the  equations, 

X = (V  sina^  - v^)/0R  (46) 

W = V cosa^/fiR  (47) 

MODEL  AND  RELATED  PROGRAMS 
General 

49.  At  the  outset  of  this  program,  it  was  considered  necessary  to  attempt 
development  of  a mathematical  model  to  predict  autorotational  performance. 
However,  rather  than  rely  on  a purely  theoretical  basis  for  the  model,  it  was 
concluded  that  the  use  of  empirical  flight  test  data  would  be  more  practical.  Toward 
this  end,  two  additional  programs  were  developed:  the  correlation  coefficient 
program  (CORCOF),  and  correlation  and  regression  analysis  program  (CORA).  A 
flow  chart  is  shown  in  figure  J. 
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52.  Given  the  X\  and  Y values  from  CORCOF  for  n + 1 time  points,  the  equations 
can  be  solved  for  all  Aj  terms.  However,  since  there  are  more  than  n + 1 time 
points  available,  and  because  consistent  values  for  Aj  are  not  obtainable  with  the 
data  used,  a statistical  approach  was  used  to  fit  the  Aj  terms  to  the  flight  data. 
A statistical  multiple  correlation  and  regression  technique  combines  the  data  and 
calculates  a single  set  of  Aj  coefficients  for  each  equation.  Correlation  coefficients 
are  also  calculated  to  indicate  how  well  the  equations  fit  the  data  and  thus,  the 
relative  confidence  that  may  be  placed  in  the  results.  At  the  discretion  of  the 
operator,  a value  for  Y is  calculated  using  the  Aj  coefficients  in  the  correlation 
equations  for  each  time  point.  These  values  can  be  compared  to  the  values  generated 
in  FEAP  and  CORCOF.  Typical  comparisons  are  shown  in  figures  K through  P. 
The  difference,  or  residual,  can  then  be  printed  and/or  plotted  for  inspection. 

53.  It  is  reasonable  to  expect  that  one  CORCOF  option  may  be  better  suited 
to  particular  flight  segments  (flares,  dives,  etc.)  while  another  option  might  be 
better  suited  to  other  flight  segments.  It  should  also  be  reasonable  to  expect  that 
optimum  results  would  be  obtained  by  correlating  data  for  each  flight  segment 
separately. 
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Model 


54.  The  primary  function  of  the  mathematical  model  is  to  predict  aircraft 
performance,  given  initial  conditions  and  subsequent  control  and  power  changes. 

55.  The  method  used  is  basically  the  inverse  of  the  data  processing  to  this  point. 
Coefficients  from  the  correlation  equations  are  used  to  predict  the  six  parameters 
in  the  CORCOF  subroutines.  These  in  turn  are  used  to  calculate  powers  and 
component  forces,  which  are  put  in  force  and  power  balance  equations.  The 
resulting  linear  and  angular  accelerations  are  manipulated  to  determine  velocities, 
distances,  and  attitudes.  This  procedure  is  looped  for  each  time  increment  until 
the  end  of  the  flight.  The  flow  is  shown  in  figure  Q. 

56.  The  flight  constants  required  are  as  follows: 

a.  Gross  weight. 

b.  Density  altitude  (sigma). 
c-  lxx»  lyy>  hz- 

d.  Xhs,  Xtr,  ZTR  (fig.  I). 

e.  e (angle  shaft  axis  makes  with  Zp  axis). 

f.  I. 

g.  Cdx,  CDy,  Cdz. 

h.  SXp,  Syp,  SZp. 

i.  Wind  velocity,  wind  direction,  and  aircraft  heading. 

j.  Time  increment  for  inputs. 

57.  Time  zero  values  required  are  shown  below: 

a.  Height  above  ground. 

b.  AS. 

c.  o. 

d.  0. 

e.  <p,  0,  \p. 
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f.  4>,  6,  \ji. 

g.  0,  0,  0- 

h.  Nr,  Nr. 

i.  AXg,  Ayg,  AZg. 

j-  cTmr-  cTmr>  CPMR*  CPtr.  TILT-X,  TILT-Y,  FHS 

k.  Psft- 

l.  (Pi  + Po). 

58.  Values  required  for  each  time  increment  are  as  follows: 

a.  5c»  8e,  8a,  8f. 

b.  PSft- 

59.  Values  output  by  the  model  are  listed  below: 

a.  0,  0,  0. 

b.  0,  6,  0. 

c.  0,  6,  0. 

d.  Qs. 

' e-  ctmr>  cpmr-  CTTR-  fhs,  tilt-x,  tilt-y. 

f'  "‘MR’  ^TR- 
g-  Bmr,  Btr. 

b-  >-MR.  XTR>  %R>  ^TR- 

i.  a,  0. 

j.  AS. 

k.  Nr,  Nr- 

l.  Fmr,  Ftr,  Fd. 


m.  Axp,  Ayp,  Azp,  Axg,  Ayg,  Azg. 

n.  Vxg,  Vyg,  Vzg. 

o.  Xg,  Yg,  Zg,  and  ground  height. 

Model  Results 

60.  The  accuracy  of  the  model  is  clearly  dependent  on  its  ability  to  make  good 
predictions  of  Ct^r,  CppR.  CPMR>  fHS>  TILT-X,  and  TILT-Y,  using  the  Ai 
coefficients  from  CORA.  The  suitability  of  the  Ai  coefficient  can  be  measured 
by  the  correlation  coefficient  generated  for  each  parameter  in  CORA.  A chart 
showing  correlation  coefficient  ranges  for  all  flights  is  shown  in  table  1 (1.0  is 
maximum  correlation). 


Table  1. 

Correlation  Coefficient 
Parameter  


Range 

(Mean) 

CT 

MR 

.710  to  .983 

(.896) 

CT 

TR 

.732  to  .965 

(.819) 

CP 

MR 

.792  to  .964 

(.850) 

fhs 

.147  to  .660 

(.326) 

TILT-X 

.474  to  .892 

(.699) 

TILT-Y 

.291  to  .814 

(.658) 

61 . Generally  speaking,  Cjmr,  and  Cp^R  are  performance  parameters  and  Ctxr. 
Fhs.  TILT-X  and  TILT-Y  are  attitude  parameters.  From  table  1,  it  could  be 
expected  that  performance  values  (velocity,  rotor  speed,  distance,  etc.)  would  be 
reasonably  accurate,  while  attitude  values  (yaw,  pitch,  roll,  and  angular  rates)  would 
show  considerable  error. 

62.  It  should  be  noted  that  the  predictions  represented  in  figures  K through  P 
are  obtained  using  variables  calculated  from  flight  test  data  in  FEAP  or 
COREDATA.  In  the  model,  these  variables  in,  X,  etc.)  are  calculated  using 
model-generated  data.  Therefore,  errors  in  one  parameter  will  eventually  affect  the 
other  parameters,  and  their  effect  will  continue  to  be  cumulative.  For  example, 
an  error  in  TILT-X  will  change  aircraft  attitude,  which,  in  turn,  will  affect  n and 
X,  as  well  as  changing  the  magnitude  and  direction  of  the  force  vectors. 

63.  As  part  of  the  model  check-out  procedure,  model  flights  were  made  to 
duplicate  flights  actually  flown.  These  were  originally  done  using  only  one  or  two 
correlation  equations  and  reading  the  other  parameters  from  FEAP  or  CORCOF. 
Additional  correlation  equations  were  added  one  at  a time.  Good  accuracy  was 
maintained  using  CTmr.  Ctjr,  and  Cpj^R  together.  Figure  R shows  predictions 
for  flares  using  correlation  equations  for  Ct^r,  Ctjr,  and  Cp^jR.  However, 
inclusion  of  each  successive  equation  lessened  accuracy  to  the  point  where  the 
model  output  was  of  little  value. 

64.  The  reasons  for  poor  correlation  on  FHS.  TILT-X,  and  TILT-Y  are 
indeterminate.  However,  the  two  most  obvious  possibilities  are  inadequate  test 
instrumentation  and/or  correlation  on  wrong  or  incomplete  variables. 

65.  Considerable  research  and  experimentation  was  spent  on  arriving  at  suitable 
correlation  equations.  A decision  was  made  early  in  the  program  not  to  attempt 
any  sophisticated  rotor  dynamics  analysis.  An  inclusion  of  this  sort  of  analysis 
may  (or  may  not)  have  increased  accuracy  for  TILT-X  and  TILT-Y. 

66.  The  test  instrumentation  was,  at  best,  minimal  for  data  generation  of  the 
required  accuracy.  Correlation  was  made  on  data  which  had  been  smoothed  several 
times,  integrated,  and  generally  manipulated  to  a great  extent.  Each  operation  may 
have  introduced  additional  error. 


67.  The  model  would  give  excellent  results  if  accurate  and  reliable  predictions 
could  be  made  for  the  six  driving  parameters.  This  was  demonstrated  in  the 
check-out  phase  of  the  model.  However,  the  major  problem  of  predicting  the  six 
parameters  remains. 


68.  Because  the  errors  were  mainly  in  attitude  control,  it  was  felt  that  it  would 
be  appropriate  to  experiment  with  a simpler  two-dimensional  model  in  which 
aircraft  attitude  is  an  input  parameter. 
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SIMPLIF1ED  TWO-DIMENSIONAL  HELICOPTER  PERFORMANCE  MODEL 
General 

69.  Two-dimensional  helicopter  performance  simulation  has  been  used  at 
USAAEFA  since  1968.  In  the  past,  insufficient  documentation  and  outdated 
programming  limited  their  app’ication  to  H-V  testing.  However,  performance 
modeling  can  provide  useful  analytical  information,  and  was  recently  updated  to 
provide  simplified  input  and  operation. 

70.  The  general  theory  behinc  this  modeling  concept  was  to  obtain  flight  path 
and  power  data  from  flight  test,  and  to  modify  basic  momentum  theory  to  predict 
the  actual  flight  path.  The  simplified  model  is  mathematically  valid  for  any  flight 
condition  from  vertical  to  forward  flight.  The  analysis  can  also  be  extended  to 
the  same  conditions  in  lateral  flight.  The  elimination  of  one  degree  of  freedom 
and  simplification  of  the  force  balance  model  significantly  reduces  the  complexity 
of  the  three-dimensional  model  previously  discussed.  Also,  all  flight  parameters 
except  profile  power  are  directly  calculated  by  basic  momentum  theory  rather  than 
the  correlation  equations  previously  described. 

Force  Balance 

71.  To  determine  the  forces  acting  on  the  helicopter,  Newton's  Second  Law  is 
used  to  sum  the  exterior  forces  acting  at  the  hub  to  obtain  the  linear  acceleration 
of  the  hub.  In  general,  the  unbalanced  forces  acting  along  each  axis  cause  an 
acceleration  of  the  mass  in  the  direction  of  the  axial  force  imbalance;  or, 

= ma^  (61) 

Where: 

i = A specific  axis  of  a two-dimensional  orthogonal  reference  system 

« 

(i  = 1 implies  the  X or  horizontal  earth  axes,  and  i = 2 implies  the  Z or  vertical 


Then, 

FMR  = Thrust  output  of  the  rotor. 

0 = Pitch  attitudes  (positive,  nose  up). 

7 = Flight  path  angle  (positive  for  positive  rate  of  sink)  (positive  Vy). 

Vx  = Forward  horizontal  velocity  of  the  aircraft. 

Vz  = Vertical  velocity  of  the  aircraft  (positive  downward). 

V = Inertial  velocity  of  the  aircraft  (ground  velocity). 

Fd  = Drag  caused  by  the  flat  plate  area  of  all  nonlifting  surfaces  on 
the  helicopter. 

ar  = Angle  of  attack  to  the  rotor  disc  (positive  when  inflow  is  from 
below  the  rotor). 


'4 

8 

13 


72.  It  should  be  noticed  that  drag  as  shown  in  figure  R is  applied  at  the  hub, 
producing  no  moment  about  the  hub.  In  actuality,  drag  acts  at  the  eg,  producing 
a moment  about  the  hub.  In  this  derivation,  it  is  assumed  that  ihe  drag  moment 
about  the  hub  is  cancelled  by  an  equal  and  opposite  aerodynamic  moment  of  the 
rotor.  When  making  this  a^umption,  the  force  balance  does  not  account  for  angular 
motion  of  the  aircraft  about  the  hub.  Therefore,  the  angular  rotation  of  the  aircraft 
is  negligible  in  comparison  with  the  linear  motion. 


73.  Summing  forces  along  the  X axis  by  reference  to  figure  S, 


Where: 


raa  = -F  sinO  -F  cosy 
x MR  D 


= Kgt/g 


Summing  forces  along  the  Z axis, 

maz  = W "FMR  COS0  "FD  SinY  (63) 

From  figure  R,  figure  S can  be  drawn  to  determine  V',  which  is  the  inflow  velocity 
at  the  rotor  as  defined  in  the  momentum  equation. 


Figure  S.  Main  Rotor  Force  and  Velocity. 


In  vector  notation, 


V*  = V + v. 


Summing  components  along  the  thrust  axis  and  the  projection  of  the  X axis  in 
the  rotor  disc  plane, 


Then, 


9 9 9 • 

(V')  V cos  a + (Vsiqar  -v^,) 


V'  = cos^a  + (V  sina  -v.)^ 
r r i 
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74.  The  two-dimensional  model  calculates  thrust  by  first  determining  the  amount 
of  induced  power  (Pi)  available  at  each  new  point  from  the  general  power  energy 
equation  defined  by  equation  67.  The  resulting  expression  for  Pj  is  as  follows: 

P , P _P  _P  _ m . m . ^5®  (6?) 

i Sft  o p dt  dt  d t 


-P  -P  - 
o p 


Each  term  may  be  calculated  from  the  model  input  or  flight  path  motion  except 
for  main  rotor  profile  power  (P0).  One  general  expression  for  profile  power  (ref  19, 
app  A)  is  derived  in  terms  of  the  mean  blade  drag  coefficient  (Cd0)  as  shown 
in  equation  68. 


Po=CD  *fPA 

o 


disc  Vtip3  * (1  ■ 


Blade  drag  coefficient  (Cd0)  is  known  to  be  variable  with  blade  angle  and  flight 
conditions,  and  must  be  determined  empirically.  For  the  UH-IC  simulation,  Cdq 
was  calculated  from  the  FEAP  program  from  both  autorotation  and  level  flight 
data.  For  simplicity,  the  results  were  determined  as  a function  of  thrust  coefficient 
(Ct)  and  rotor  inflow  ratio  (X)  and  shown  in  figures  T and  U.  In  forward  level 
flight  the  relationship  was  also  a function  of  airspeed  or  advance  ratio  (/a).  At 
airspeeds  below  the  airspeed  for  minimum  power  (V),  the  variation  with  X was 
nonlinear,  as  shown  by  figure  T.  This  indicates  that  the  (1  + 4 correction 
is  not  effective  in  linearizing  the  Cd0  term  in  low-speed  flight,  either  due  to  the 
increased  power  acquired  by  the  induced  down  load  on  the  fuselage  or  due  to 
the  nonlinear  variation  of  Cd0  with  blade  angle  of  attack.  In  the  future,  an  induced 
power  correction  factor  such  as  described  in  reference  23,  appendix  A,  should 
be  used  to  improve  the  low-speed  Cd0  data.  However,  figure  U indicates  that  the 
variation  of  Cdq  with  X is  nearly  linear  for  a constant  Cj  at  high  forward  flight 
airspeeds.  Figure  U also  shows  that  there  were  no  trends  of  Cd0  from  the  available 
data  for  the  values  of  X between  -.02  and  .018.  Therefore,  a mean  value  of  Cdc 
of  0. 1 2 was  used  in  the  model  when  operating  in  this  range  of  X.  The  primary 
factor  affecting  Cd0  in  this  region  seemed  to  be  the  vertical  speed,  but  time  did 
not  permit  the  additional  correlation  effort.  Additional  effort  is  required  to 
determine  the  optimum  parameter  to  replace  in  the  Cd0  correlation.  In  higher 
autorotational  descents  (X  > .018),  the  Cd0  variation  with  Ct  and  X was  again 
evident,  as  shown  in  figure  U.  These  empirical  data  are  utilized  by  the  model  to 
compute  profile  power  for  any  particular  flight  condition.  The  use  of  these  empirical 
data  forces  the  model  to  perform  similarly  to  the  actual  helicopter  from  which 
the  data  were  obtained. 


c°o 


Figure  T.  Low  Speed  Blade  Drag  Coefficient. 


Figure  U.  High  Speed  and  Autorotation  Blade  Drag  Coefficient. 
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75.  The  model  can  then  calculate  the  main  rotor  thrust  by  iterating  on  induced 
velocity  (i>j)  simultaneously  on  two  basic  momentum  theory  equations  derived  in 
»!.e  data  processing  and  analysis  section  of  this  appendix.  These  equations  are 
expressed  in  terms  of  main  rotor  thrust,  as  shown  below: 


Vvi 


(69) 


- 2Adisc  V*V 


Where  V'  is  defined  by  equation  66. 


(70) 


Once  the  thrust  is  calculated  for  each  new  point,  the  flight  path  is  integrated  in 
the  ground  axes  from  the  acceleration  obtained  from  the  simplified  force  balance 
in  figure  R.  The  computation  for  each  new  point  requires  an  iterative  solution 
of  both  thrust  and  Cd0.  Convergence  normally  occurs  rapidly.  However,  some  flight 
conditions,  particularly  at  high  descent  rates  and  high  deceleration,  can  cause 
extended  calculations  on  the  order  of  30  seconds  of  computer  time  per  point. 


Model  Input  | 

§ 

76.  The  two-dimensional  model  is  flown  by  inputting  aircraft  characteristics,  initial  I 

conditions,  and  the  engine  power,  rotor  speed,  and  thrust  vector  at  incremental  | 

time  points.  In  figure  V,  the  input  was  read  from  an  actual  flight  path  for  the  | 

UH-1C  helicopter.  The  model  then  calculated  the  thrust  and  integrated  the  flight 


path.  The  model  is  shown  to  be  reasonably  accurate.  In  addition  to  any  error 

in  the  model  techniques,  variation  of  the  model  calculations  from  the  flight  path 

can  be  due  to  inaccuracies  of  initial  velocities,  lateral  excursion  from  the  x-z  plane, 

and  prevailing  winds.  The  lateral  excursion  error  would  tend  to  cause  the  type 

of  variation  shown  in  figure  V. 

> 


77.  The  two-dimensional  model  was  also  reorganized  to  permit  input  of  a selected 
flight  path.  The  experimental  H-V  profiles  were  first  input  to  the  model  in  the 
form  of  flight  path  time  histories  as  shown  in  figures  X through  A-A.  Additional 
flight  profiles  were  also  input  to  show  the  varying  perfomiance  requirements  at 
varying  initial  altitudes.  The  aircraft  thrust  "°.ctor  and  rotor  speed  for  each  flight 
path  were  calculated  by  the  force  balance  and  energy  power  equations  previously 
1 discussed.  In  all  simulations  shown,  decreasing  entry  height  required  increasing 

pushover  and  flare  rates  and  attitudes.  The  reduced  time  spent  in  the  dive  and 
the  lower  rotor  energy  is  readily  apparent.  The  value  of  pilot  judgment  is  clearly 
( illustrated  by  the  shape  and  grouping  of  the  curves.  In  figure  W,  the  test  entry 

* at  a 650-foot  hover  was  considered  the  minimum  for  a realistic  technique.  The 

.:  simulations  at  700  and  800  feet  are  very  close  to  the  test  case  in  terms  of  attitudes. 
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Figure  V.  Autorotational  Landing  Flight  Path. 


rotor  energy,  and  time  spent  in  the  dive.  However,  lowering  the  entry  height  to 
550  feet  causes  a discontinuity  in  the-  rotor  speed  curves.  Further  reductions  in 
initial  altitude  clearly  show  that  the  maximum  rotor  speed  that  can  be  attained 
in  the  flare  is  very  low,  and  the  pushover  attitudes  rapidly  exceed  normal  pilot 
tolerances.  The  importance  of  pitch  attitude  in  the  different  flight  path  phases 
can  be  obtained  by  comparing  the  simulations  at  different  airspeeds.  For  entry 
airspeeds  on  the  back  side  of  the  power  curve,  increasing  the  H-V  performance 
requires  rapidly  increasing  nose-down  attitudes  as  the  initial  height  lessens.  Flare 
attitudes  remain  relatively  constant.  For  higher  entry  airspeeds  the  pushover  attitude 
joes  not  change  results  as  significantly  as  does  the  flare  attitude.  The  simulations 
at  different  entry  airspeeds  (figs.  X,  Y,  and  Z)  were  then  used  to  construct  the 
H-V  diagrams  shown  in  figure  A-A.  A family  of  calculated  H-V  curves  were  obtained 
by  selecting  a maximum  pitch  attitude  during  dive  and  flare.  This  is  a reasonable 
approach,  as  an  optimum  H-V  curve  is  largely  a function  of  the  pilot's  ability 
to  obtain  the  required  pitch  attitudes. 
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GROSS  WT:6700  LBS  DENSITY  ALTITUDE: 1 1 ,000  FT  INITIAL  VELOCITY: 11  KNOTS 
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GROSS  WT:670Q  LBS  DENSITY  ALTITUDE: 1 1 ,000  FT  INITIAL  VELOCITY:  35  KNOTS 


Figure  X.  Comparison  of  2-Dimensional  Model  Predictions  with  Flight  Test  Data. 
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GROSS  WT-.670Q  LBS  DENSITY  ALTITUDE;  1 1 *QQQ  FT  INITIAL  VELOCITY:  51  KNOTS 
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Hi  Kill! -VELOCITY  DIAGRAMS  I ROM 
TWO-DIMENSIONAL  MODEL 


NOTE: 

1.  Solid  symbols  denote  test  data. 

2.  NegativeOrepresents  pushover 
and  positive©  is  the  required 
flare  attitude. 

3.  A,  is  the  maximum  vertical 
acceleration,  generated  during  tHh 
flare. 
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APPENDIX  F.  TEST  DATA 


INDEX 


Figure 


Figure  Number 


Entries 

Operating  Conditions  During  Level  Flight  at  a 
Light  Gross  Weight  (S) 

Operating  Conditions  During  Level  Flight  at  a 
Heavy  Gross  Weight  (S) 

Operating  Conditions  During  Forward  Climb  (S) 
Rapid  Power  Reduction  During  Hover  (TH) 

Rapid  Power  Reduction  During  Siow-Speed 
Forward  Flight  (TH) 

Rapid  Power  Reduction  During  Medium-Speed 
Forward  Flight  (TH) 

Rapid  Power  Reduction  During  High-Speed 
Forward  Flight 

Altitude  Effects  on  Aircraft  Attitude  Following 
a Power  Reduction  (S) 

Height  Changes  During  Power  Reduction  (S) 
Maximum  Roll  Rates  and  Attitudes  During  Entry 
(Level  Flight,  Light  Weight)  (S) 

Maximum  Roll  Rates  and  Attitudes  During  Entry 
(Level  Flight,  Heavy  Weight)  (S) 

Maximum  Roll  Rates  and  Attitudes  During  Entry 
(Light  Weight  Climb)  (S) 


Summary  of  Dives  From  Level  Flight  Entry  (S) 
Comparison  of  Pushover  Rates  From  Medium-Speed 
Flight  (TH) 

Summary  of  Dives  From  Climb  Entry  (S) 

Pushover  From  Light  Gross  Weight,  Low-Speed 
Level  Flight  (TH) 


1-  1 thru  1-  3 

2-  1 thru  2-  3 

3-  1 thru  3-  2 

4-  1 thru  4-  6 

5-  1 thru  5-  6 

6-  1 thru  6-  6 

7-  1 thru  7-7 


9-  1 

10-  1 thru  10-  2 

11-  1 thru  H-  2 

12-  1 thru  12-  3 


13-  1 thru  13-10 

14-  1 thru  14-  2 

15-  1 thru  15-10 

16-  1 thru  16-  6 


Comparison  of  Pushover  Rates  During  Climb  (TH) 

Pushover  From  Climb  at  Light  Weight  Sea  Level 
Conditions  (TH) 

Pushover  From  Climb  at  Heavy  Weight  Sea  Level 
Conditions  (TH) 

Flares 

Operating  Conditions  During  Steady-State  Descent 
(300  rpm)  (S) 

Operating  Conditions  During  Steady-State  Descent 
(260  rpm)  (S) 

Cyclic  Flare  Performance  (S) 

Cyclic  Flare  From  Low-Speed  Steady-State 
Autorotation  (300  rpm)  (TH) 

Cyclic  Flare  From  Low-Speed  Steady-State 
Autorotation  (260  rpm)  (TH) 

Cyclic  Flare  From  Medium-Speed  Steady-State 
Autorotation  (300  rpm)  (TH) 


Cyclic  Flare  From  Medium-Speed  Steady-State 
Autorotation  (260  rpm)  (TH) 

Cyclic  Flare  From  Medium  Speed  Steady-State 
Autorotation  (Heavy  Weight  - 47  knots)  (TH) 
Cyclic  Flare  From  Medium-Speed  Steady-State 
Autorotation  (Heavy  Weight  - 58  knots)  (TH) 
Cyclic  Flare  From  Medium  Speed  Steady-State 
Autorotation  (Light  Weight  - 47  knots)  (TH) 
Cyclic  Flare  From  Medium-Speed  Steady-State 
Autorotation  (Light  Weight  - 58  knots)  (TH) 
Cyclic  Flare  From  a Low-Speed  Diving 
Autorotation  (TH) 

Cyclic  Flare  From  a Medium-Speed  Diving 
Autorotation  (TH) 

Comparison  of  Flare  Performance  with  Cyclic 
Flare  Rate  (TH) 

Collective  Flare  Performance  ■ (S) 

Collective  Flare  From  Low-Speed  Steady-State 
Autorotation  (TH) 

Collective  Flare  From  Medium-Speed  Steady-State 
Autorotation  (TH) 


26-  1 thru  26-  6 

27-  1 thru  27-  6 

28-  1 thru  28-  6 

29-  1 thru  29-  6 

30-  1 thru  30-  6 

31-  1 thru  31-  6 

32-  1 thru  32-  6 

33-  1 thru  33-  5 

34-  1 thru  34-  7 

35-  1 thru  35-  6 

36-  1 thru  36-  5 


Landings 

Landing  From  a Hover  (5  feet  @ 6870  #)  (TH) 
Landing  From  a Hover  (14  feet  @ 6870  #)  (TH) 

Landing  From  a Hover  (10  feet  @ 7870  #)  (TH) 

Landing  From  a Hover  (16  feet  @ 7870  #)  (TH) 

Landing  From  Low-Speed  Level  Flight  Entry  (TH) 

Landing  From  Medium-Speed  Level  Flight  Entry  (TH) 


37-  1 thru  37-  3 

38-  1 thru  38-  4 

39-  1 thru  39-  3 

40-  1 thru  40-  3 

41-  1 thru  41-  5 

42-  1 thru  42-  5 


Height  Velocity  Diagram 


43 


Power  Reduction,  Autorotation  and  Landing 

from  Low  Altitude,  Low  Speed,  Level  Flight 
Conditions 

Power  Reduction,  Autorotation,  and  Landing 

from  Low  Altitude,  High  Speed,  Level  Flight 
Conditions 

Power  Reduction,  Autorotation  and  Landing 
from  High  Altitude,  Low  Speed,  Level 
Flight  Conditions 

Power  Reduction,  Autorotation  and  Landing 

from  High  Altitude,  Low  Speed,  Level  Flight 
Conditions 

Power  Reduction,  Autorotation  and  Landing 
from  High  Altitude,  Medium  Speed,  Level 
Flight  Conditions 

Power  Reduction,  Autorotation,  and  Landing 
from  Low  Speed,  Heavy  Weight,  Level 
Flight  Conditions 

Power  Reduction,  Autorotation,  and  Landing 

from  Low  Altitude,  Low  Speed,  Level  Flight 
Conditions 

Power  Reduction,  Autorotation,  and  Landing 

from  Low  Altitude,  Low  Speed,  Level  Flight 
Conditions 

Longitudinal  Controllability  Characteristics 

Control  Trim  Change  from  Level  Flight 
to  Steady-State  Autorotation 


44-  1 thru  44-  7 

45-  1 thru  45-  5 

46-  1 thru  46-  8 

47-  1 thru  47-  7 

48-  1 thru  48-  7 

49-  1 thru  49-  6 

50 

51 

52 

53 
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